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Liquid-propellant rocket engines are capable of on-command variable thrust or thrust modulation, an operability
advantage that has been studied intermittently since the late 1930s. Throttleable liquid-propellant rocket engines can
be used for planetary entry and descent, space rendezvous, orbital maneuvering including orientation and
stabilization in space, and hovering and hazard avoidance during planetary landing. Other applications have
included control of aircraft rocket engines, limiting of vehicle acceleration or velocity using retrograde rockets, and
ballistic missile defense trajectory control. Throttleable liquid-propellant rocket engines can also continuously follow
the most economical thrust curve in a given situation, as opposed to making discrete throttling changes over a few
select operating points. The effects of variable thrust on the mechanics and dynamics of an liquid-propellant rocket
engine as well as difficulties and issues surrounding the throttling process are important aspects of throttling
behavior. This review provides a detailed survey of liquid-propellant rocket engine throttling centered around
engines from the United States. Several liquid-propellant rocket engine throttling methods are discussed, including
high-pressure-drop systems, dual-injector manifolds, gas injection, multiple chambers, pulse modulation, throat
throttling, movable injector components, and hydrodynamically dissipative injectors. Concerns and issues
surrounding each method are examined, and the advantages and shortcomings compared.
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Nomenclature

empirical constant

nozzle exit area

empirical constant
characteristic exhaust velocity
volume mean droplet diameter
jet diameter

Rupe mixing efficiency

Fr = thrust
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L* = characteristic length
m = mass flow rate

MR = mixture ratio

Da = ambient pressure

Pe = chamber pressure

De = nozzle exit pressure
v, = nozzle exit velocity

% = jet velocity

Api,j = injector pressure drop
AV = delta-v

7o = characteristic exhaust velocity efficiency

I. Introduction

IQUID-PROPELLANT rocket engines (LREs) with thrust that
can be varied on demand have been researched and studied
since the late 1930s. The Vision for Space Exploration [1], outlined
in the NASA Authorization Act of 2005 [2], brought a renewed
interest in such throttle-capable LREs. The Act established a
program to develop a sustained human presence on the moon as a
stepping stone to future exploration of Mars and other remote
destinations [2]. Throttleable LREs will undoubtedly play a signifi-
cant role in these missions, so understanding the dynamics of
throttling LREs as well as the physics and engineering issues of the
throttling process will be of critical importance for the success of
these missions. This review provides a detailed survey of LRE
throttling, focusing primarily on engines from the United States.
The term throttling is commonly used to describe a varying thrust
profile or thrust modulation in an LRE. This nomenclature is used
primarily because one of the most common methods of thrust control
in an LRE is from regulation of propellant flow rates by control
valves, as throttling is typically defined. A throttleable LRE that
continuously follows the most economical thrust curve provides
optimum vehicle performance, as compared with one that undergoes
discrete throttling changes over some portion of the rated power
level. The continually changing thrust can reduce the amount of
propellants required for a mission, thus reducing the mass of the
vehicle. While throttling an LRE is a critical requirement during a
lunar descent, there are many other applications for throttleable
LREs. The most common use of throttling is to limit the acceleration
in upper stage engines of launch vehicles toward the end of their
burns via valve control. Throttleable LREs can also be used for
planetary entry and descent, space rendezvous, orbital maneuvering
including orientation and stabilization in space, and hovering and
hazard avoidance during planetary landing [3-5]. Other applications
include control of aircraft rocket engines, limiting of vehicle
acceleration or velocity using retrograde rockets, and ballistic missile
defense trajectory control [5,6]. An early attempt at estimating
throttling requirements for several such missions reported examples
such as 10-to-1 throttling for lunar descent, 1.3-to-1 for Venus
launch, and up to 100-to-1 for ballistic missiles and orbital
rendezvous, with generally higher throttling ratios for more precise
trajectory control [7,8]. LREs can be customized for particular flight
applications, including a wide range of thrust values, quick restarts,
fast pulsing, and quick attitude changes and minor velocity changes.
References [3,9] describe other benefits of LREs, in general,
including on-command thrust modulation, which allows further
tailoring of the flight application. While tailoring thrust profiles of
rocket engines with solid propellants has become more flexible in
recent years, it is still much simpler to develop randomly commanded
controllable thrust profiles for LREs, since the combustion process is
easier to control, stop, and restart.

Throttleable LREs were originally developed in Germany in the
late 1930s during rocket aircraft experiments and research headed by
Major-General Dr. Walter Dornberger (then Major) and Hellmuth
Walter. Before 1937, LREs had been used by the early pioneers for
experimental and meteorological research rockets; these LREs
operated at essentially constant thrust [3]. The first aircraft to
incorporate LREs for propulsion during a portion of the flight was
most likely the German Heinkel He 112 fighter aircraft in early 1937
at Neuhardenberg airfield, powered by a version of an A2 (Aggregate
2) rocket motor [10,11]. This rocket motor, designed by Dr. Wernher
von Braun, was fitted to the He 112 aircraft and fueled from nitrogen-
pressurized alcohol and liquid oxygen tanks [11]. This probably took
place, although there are reports and testimonies that describe
conflicting dates, places, and events during the mid-to-late 1930s
[12—-18]. The aircraft, engine, and date of the first rocket powered
aircraft flight are, however, corroborated by testimony from Heinkel,
Dornberger, and von Braun [11]. In November of 1937, another
Heinkel He 112 aircraft was flown at Neuhardenberg. During a
portion of its flight it used a TP-1 (Turbopump-1) rocket engine,
designed and built by Hellmuth Walter. An 80%-concentration
solution of H,O, (20% concentration H,O) was forced into the
combustion chamber and mixed with a spray catalyst (water solution
of sodium or calcium permanganate). A manual pilot-operated stop-
cock pneumatically regulated the flow of the H,O, solution to the
combustion chamber [11]. The maximum thrust was 220 Ib.. The
amount of throttling is unknown, but this was the first known rocket
engine to incorporate manual thrust throttling [17,19]. In April of
1938, the Heinkel He 112 became the first aircraft to be powered by
rocket thrust alone through its entire takeoff and flight at
Peenemiinde West airfield, using the throttleable Walter-designed
TP-1 engine [11,19]. Robert Goddard arguably implemented the first
practical throttleable liquid bipropellant engines in the U.S. during
the early 1940s [3,19]. The research on throttling engines, after this
pioneering work, focused on applicability to missile defense,
weapons systems, and then space vehicles [7,8,20].

Several methods have been identified to control thrust of an LRE.
In 2006, Dressler described nine methods that had been used in past
configurations [19]. Many of these methods were described concep-
tually as early as 1950 [21] and several others in 1963 [7]. A number
of the methods are also discussed in Russian texts, with attention to
the details of injector element design. The nine methods mentioned in
[19] will be discussed in more detail in this paper.

There are only a few physical parameters that can be varied to
change the thrust of a single engine, including the propellant types or
compositions, the propellant flow rates, the nozzle exit area, and the
nozzle throat area. The propellants and nozzle exit area are difficult to
control or vary due to physical restrictions, while the nozzle throat
area is difficult to vary if the heat fluxes are high. Consequently,
varying the propellant flow rates is the simplest recourse for varying
thrust. The simple relationship between thrust and propellant flow
rates comes from the rocket thrust equation
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This paper discusses several LRE throttling methods, including
high-pressure-drop systems using propellant flow regulation,
dual-manifold injectors, gas injection, multiple chambers, pulse
modulation, throat throttling, movable injector components, and
hydrodynamically dissipative injectors. Several significant projects
and studies are discussed. Critical issues such as combustion
instability [22,23], performance degradation, and excessive heat
transfer are examined for each method. Any further concerns and
issues surrounding each method are examined, and the advantages
and shortcomings of the different methods are compared.

II. Discussion

A top level summary of pertinent information from the reviewed
projects, research tasks, and investigations is presented in Table 1.
The following sections review the throttling methods.



Table 1 Summary of information from reviewed projects, research tasks, and investigations

Throttling Program Program Organizations Engine/rocket Operating Throttling Propellant Throttling related
methodology period designations parameters combinations/injector type research focus
High-pressure- Project Thumper 1948- 1) General Electric Malta engine 1000 1bs rated thrust, 10-104% 1) Ethanol (with silicone)/LO, Pursue development
drop injector 1949 2) U.S. Army 315 psia rated p, 2) Malta low-pressure-drop of high-altitude
injector antiaircraft
3) High-pressure-drop defense
showerhead
High-pressure- Project MX-794 1950 1) Willow Run 1) Engine 0073 1) 1000 Ib rated thrust, 1) 10% to 167% 1) 80% RFNA and 20% Obtain performance
drop injector Research Inst., 2) Engine 0150 300 psia rated p,., 2)33% to 210% aniline/furfuryl alcohol for defense systems
Univ. of Michigan 3) Engine 0151 2.75 MR 3)225<MR < 5.0 2) JP-3 (AN-F-58a)
2) U.S. Air Force 2) 200 1bs rated thrust, (with aniline leader)/RFNA
300 psia rated p,., 3) Doublet and OFO triplet
2.75 MR
High-pressure- NASA Study 1964 1) NASA Lewis Modified 15,000 Ib rated thrust, 1) 3.3-100% 1) LH,/LO, Obtain steady-state and
drop injector Research Center RL10A 300 psia rated p,., 2)2.0<MR <6.0 2) Switl coax: 20% dynamic characteristics
2) Pratt and Whitney 1 5.0 MR ox pressure drop during throttling
Aircraft 3) Shear coax: 33%
ox pressure drop
4) Swirl coax: 60%
ox pressure drop
High-pressure- ARES Throttling- 1967- 1) Aerojet-General ARES Engine 25,000, 100,000, or 1) 10-to-1* 1) A-50/N,O,* Design a throttleable
drop injector Scaling Design 1969 Corp. Designt 500,000 1b rated 2) 33-to-1* 2) HIPERTHIN platelet* and restartable engine
Study Program® 2) Air Force Rocket thrust, 2800 psia
Propulsion Lab. rated p*
3) NASA Marshall
Space Flight
Center
High-pressure- DC-X and DC-XA 1991- 1) Pratt and Whitney RLI10A-5 13,500 Ib rated thrust, 1) 3.3-to-1 1) LH,/LO, Single-stage
drop injector 1995 2) McDonnell 485 psiarated p,, 2)5.0<MR < 6.0 2) Swirl coax to orbit rocket
Douglas 6.0 MR technology
3) NASA demonstrator
High-pressure- Joint Cooperative 1996 1) NASA Marshall RD-0120 441,000 Ib rated thrust, 1) 25-100% 1) LH,/LO, Potential use for the
drop injector Study Space Flight 3170 psia rated p,., 2)3.7<MR < 6.4 2) Shear coax X-33 demonstrator
Center 6.0 MR vehicle propulsion
2) Aerojet system
3) Chemical
Automatics
Design Bureau
High-pressure- Joint Cooperative 1997 1) Boeing SSME 470,000 Ib rated thrust, 1) 17-109% 1) LH,/LO, Potential use for the
drop injector Study Rocketdyne 3006 psia rated p,., 2)5.0<MR < 6.0 2) Swirl coax X-33 demonstrator
2) NASA Marshall 6.0 MR vehicle propulsion
Space Flight system
Center
High-pressure- Common Extensible 2005— 1) Pratt and Whitney =~ Modified RL10 13,700 1b rated thrust, 1) 5.9-104% 1) LH,/LO, Technology development,
drop injector Cryogenic Engine 2010 Rocketdyne 381 psiarated p,., 2)29<MR < 6.0 2) Swirl coax demonstration, risk
2) NASA 5.6 MR reduction, and maturation

of a deep throttling, highly
reliable, reusable cryogenic
engine

(continued)

ONVA ANV ‘VITNH ‘ONVISVD

668



Table 1 Summary of information from reviewed projects, research tasks, and investigations (Continued)

Throttling Program Program Organizations Engine/rocket Operating Throttling Propellant Throttling related
methodology period designations parameters combinations/injector type research focus
Dual-manifold Advanced throttling 1963- 1) Pratt and Whitney =~ Research engine 1) 15,000 Ib rated 1) 0.8-08% 1) A-50/N,O, Evaluate injector systems

injector concepts studies 1966 Aircraft thrust, 300 psia rated 2) 12.8-to-1 2)H,/F, that provide high
2) United Pe, 1.7TMR 3) 29.4-to-1 3) BA1014/F,} combustion performance
Technology 2) 1000 1b rated thrust 4) Triplet element during deep throttling
Center 3) 8500 Ib rated thrust 5) Quadruplet element
3) U.S. Air Force
Dual-manifold Chamber 1964— 1) Rocketdyne Research engine 1000 1b rated thrust, 15-150% 1) MMH, butene-1, and diborane/ Develop design criteria
injector Technology 1969 2) NASA 100 psia rated p,., FLOX for selected space
for Space Storable 2.0 MR 2) Oxygen difluoride storable fuels
Propellants 3) Impinging
Dual-manifold Reusable Rocket 1967 1) Pratt and Whitney 1) Advanced 1) 250,000 Ib rated 1) 5-to-1 1) LH,/LO, Demonstrate performance
injector Engine Program 1972 Aircraft cryogenic thrust 2) 5 <MR < 7 main 2) Stacked tangential inlet and mechanical integrity
2) Air Force Rocket engine 2) 2740 psia main injector of rocket engine
Propulsion Lab. 2) XLR-129-P-1 chamber rated p. 3)0.72 <MR < 1.26
3) 4793 psia preburner preburner
rated p,
Dual-manifold Throttleable Primary 1968— 1) Aerojet-General MIST derived 50,000 1b rated thrust 10% 1) A-50/N,O, Develop design criteria
injector Injector for Staged 1970 Corp. 2) HIPERTHIN platelet, for selected space
Combustion 2) Air Force Rocket impinging oxidizer/impinging storable fuels
Engine Propulsion Lab. fuel
Program
Dual-manifold Advanced Expander 1990- 1) Pratt and Whitney ~ Expander cycle 1) 20,000 Ib rated thrust Proprietary 1)H,/LO, Develop and
injector Test Bed Program 1993 2) NASA engine 2) 25,000 Ib rated thrust 2) swirl coax demonstrate an
1996~ expander cycle
1997 oxygen-hydrogen
engine technology
applicable for
space engines
Gas injection NACA Research 1956— NACA Lewis Flight ~ Research engine 1) 1000 Ib rated thrust 1) 34-89% 1) NH; (with lithium)/WENA Investigation into gas
1957 Propulsion Lab. 2) Helium gas 2)1.3<MR <24 2) Doublet injection throttling
Gas injection Feasibility Study and 1963 United Technology Research engine 1) 500 Ib rated thrust, 6-223% 1) MMH/MON-15 Investigation into gas
Experimental Center 300 psia p,. 2) A-50/N,0, injection throttling
Program 2) 500 Ib rated thrust, 3) Triplet FOF, duo-doublet using various
150 psia p,. FOOF, showerhead, 25% injection concepts
3) Helium gas showerhead/75% duo-doublet
Gas injection LMDE Concept 1963— Rocketdyne SE-10 1) 10,500 Ibs rated 10-to-1 A-50/N,0, Competing Apollo lunar
1965 thrust descent engine
2) Helium gas
Gas injection NASA Study 1964 1) NASA Lewis RL10A-1 1) 15000 Ibs rated 10-to-1 1) LH,/LO, Obtain steady-state
Research Center thrust, 300 psia rated 2) Switl coax: 20% and dynamic
2) Pratt and Whitney Per 5.0 MR ox pressure drop characteristics
Aircraft 2) Helium gas, oxygen 3) Shear coax: 33%
gas ox pressure drop

4) Swirl coax: 60%
ox pressure drop

(continued)
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Table 1 Summary of information from reviewed projects, research tasks, and investigations (Continued)

Throttling Program Program Organizations Engine/rocket Operating Throttling Propellant Throttling related
methodology period designations parameters combinations/injector type research focus
Gas injection Advanced Throttling 1964 1) Pratt and Whitney =~ Research engine 1) 15,000 Ib rated 2-100% A-50/N,0, Evaluate injector systems
Concepts Study Aircraft thrust, 300 psia rated that provide high
2) Air Force Pe, 1.7TMR combustion performance
2) Cross-injection during deep throttling
combustion gas
Gas injection Throttling Concept 1965 1) Bendix Research engine 1) 14 1b rated thrust, 35-to-1 A-50/N,0, Evaluate gas
Study Corporation 105 psia rated p, injection technique
2) Nitrogen gas
Multiple chambers ~ Advanced Thrust 1965, 1) Rocketdyne Research engine 1) 30,000 Ib + 3000 Ib 9-to-1 LH,/LF, Investigate an advanced
Chamber for 1967  2) Air Force Rocket rated thrust space maneuvering
Space Propulsion Lab. 2) 2 chambers propulsion system
Maneuvering
Propulsion
Program
Multiple chambers  N/A 1976— Glushko RD-170/RD-171 1) 1,777,000 Ib rated 56-100% RP-1/LO, Russian engine used
1986, thrust on Energia and
1981- 2) 4 chambers Zenit vehicles
1993
Multiple chambers  N/A 1992— Glushko RD-180 1) 933,400 1b rated 40-100% RP-1/LO, Russian engine used
1999 thrust on Atlas IIT and Atlas V
2) 2 chambers
Pulse modulation Lunar Flying 1964 1) Bell Aerospace Bell model 8414 100 Ib rated thrust, 1-12-100% 1) A-50/N,0, Engine development for use
Vehicle Study Company throttleable 80 psia rated p.. 2) Triplet FOF in Lunar Flying Vehicle
2) NASA Marshall maneuvering Application
Space Flight engine
Center
Throat throttling Reaction Motors, 1947 1) Reaction Motors,  Research engine 2000 1b rated thrust, 1) 6.25-to-1* Aniline/acid Design and develop a variable
Inc. Inc. 315 psiarated p, 2) 60, 75% thrust LRE
Study 2) U.S. Navy
Throat throttling MIT Naval 1961 1) MIT Naval Research engine 1) 1800 Ib rated thrust, 1) N/A 1) Air 1) Investigate throttling
Supersonic Supersonic Lab. 300 psia rated p, by gas injection into the
Lab. Study 2) U.S. Navy nozzle throat
Variable area Variable Thrust 1950 Reaction Motors, Research engine 5000 Ib rated thrust* 50-to-1* 1) Hypergolic with Rocket engine development
injector Engine Inc. WENA/WENAF to meet the demand for
Development 2) Pintle-type injectors* more flexibility
Program® by continuously
variable thrust
Variable area Project MX-794 1951 1) Willow Run Engine 0151 1) 200 Ib rated thrust, 1) 7.5-205% 1) 80% aniline and 20% furfuryl/  Evaluate for missile use
injector Research Center 300 psia rated p.., 2) 35-to-1 RFNA-6.5% NO,
Univ. of Michigan 2.75 MR 3) 18-to-1 2) NH;/RFNA-20% NO,
2) USAF 2) 600 1b rated thrust, 4) 6-to-1 3) J-P3 (lead with furfuryl
300 psia rated p, alcohol)/ WFNA (with max. 2%
3) 3000 Ib rated thrust, H,0)
300 psia rated p, 4) J-P4 (lead with furfuryl

alcohol)/ WFNA (with max. 2%
H,0)
5) Swirl, annular orifice, multiport
swirl injectors

(continued)
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Table 1 Summary of information from reviewed projects, research tasks, and investigations (Continued)

Throttling Program Program Organizations Engine/rocket Operating Throttling Propellant Throttling related
methodology period designations parameters combinations/injector type research focus
Variable area NACA Study 1955 NACA Lewis Flight ~ Research engine 1) 1000 Ib rated thrust, 1)9.6-171% 1) Liquid NH; (with lithium)/ Investigate variable
injector Propulsion Lab. 300 psia rated p, 2) 8.6-159% liquid MON-29 thrust methodology
2) Triplet impinging-jet and swirl
cup injector
Variable area Lunar Module 1963- 1) TRW Inc. Apollo LMDE 9850 1b rated thrust, 10-100% 1) A-50/N,0, Develop and man-rate
injector Descent Engine 1967 2) NASA 106 psia rated p, 2) Pintle injector a LMDE
Program
Variable area TRW, Inc. Study 1965, 1) TRW Inc. MIRA 150A 150 Ib rated thrust, 18-122% 1) MMH/MON-10 Design for use as an attitude
injector 1968 2) NASA 108 psia rated p.., 2) A-50/N, 0, control engine on the
1.59 MR 3) Coaxial pintle injector Surveyor spacecraft
Variable area Gaseous Propellant 1965- AFIT Research engine 1) 100 Ib rated thrust, 1) 4.1-to-1 GH,/GOX Research experiments
injector Throttling Rocket 1968 350 psia rated p,, 2.0 2) 7-to-1 using gaseous propellants
Engine Study MR 3) 5-to-1 on thrust variation
2) 70 1b rated thrust,
230 psia rated p,
3) 75 1b rated thrust,
2.0 MR
4) 76 1b rated thrust
Variable area LSAM design 2005— 1) NGST TR202 8700 1b rated thrust, 1) 5.3-to-1# 1) LH,/LO* Engine design to meet
injector current 2) NASA 700 psia rated p,., 2) Injector and 2) GH,/LO, tested LSAM requirements
6.0 MR} chamber tested 10-
to-1
Hydrodynamically Demonstration of 2001 1) Pennsylvania Research 1000 psia rated 1) 10-to-1 1) GH,/LO, Conduct hot-fire experiments
dissipative throttleable State Univ. engine P 6.0 MR 2)4.83 <MR <7.21 2) Russian of a designed swirl injector
injector LO,/H, injection 2) NASA swirl injector across the throttleable range
concepts Marshall Space
Flight Center

“Design only.
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A. High-Pressure-Drop Injectors

A typical LRE with a single, fixed-geometry injector can generally
be throttled approximately 2-to-1 or 3-to-1 [6,19]. To accommodate
deep throttling requirements, often 5-to-1 or more, with a fixed-
geometry injector, higher-than-usual injector pressure drops or head
losses are necessary to maintain a minimum injector pressure drop at
minimum thrust. A satisfactory minimum injector pressure drop is
required to ensure adequate resistance for system stability and to
ensure sufficient mixing and atomization for good performance. In
general, experience and analysis have shown that the nominal
hydraulic pressure drop ratio (A p;,;/ p.), occasionally referred to as
stiffness or hardness ratio, should be around 15-20% to avoid
combustion instability, but can range from 5 to 25% depending on
injector type and thermodynamic conditions [19,24].

The primary advantage of the fixed-geometry injector is
simplicity. The flow of propellants can be regulated by control
valves in the propellant lines. Propellants can also be regulated using
variable area cavitating venturis [25,26]. Because injector hydraulic
pressure drop ratio varies linearly with flow rate for liquid
propellants, however, a 5% minimum A p;,;/ p. at 10% thrust would
require 50% Ap;,;/p. at 100% thrust. Thus, the primary disad-
vantage of a high-pressure-drop injector is the high supply pressure
requirement imposed on the pressurization system and tankage (for
pressure-fed propellant supply systems) or turbomachinery (for
pump-fed systems) [19].

1. Project Thumper (1948) [27]

Project Thumper, a program in the United States to develop
high-altitude antiaircraft ballistic missile defense against the
German V-2 rockets, investigated early rocket engine throttling,
including instabilities during throttling operation, throttling engine
performance, and the limits of rocket engine throttling [28]. A low-
pressure-drop injector and several iterations of high-pressure-drop
showerhead injectors were evaluated. Initial tests with the low-
pressure-drop injector showed externally observed oscillations
between 10 Hz and 20 Hz, called motorboating, at low thrust
conditions. These oscillations were eliminated with a high-pressure-
drop injector; this injector was thought to have eliminated liquid
oxygen boiling in the manifold, damping pressure perturbations in
the chamber by increasing the resistance of the injector, and/or
decreasing combustion transients at the injector face. Erratic irreg-
ular fluctuations, called chugging, were encountered during testing
below 65 psia chamber pressure. The chugging was described as
resembling an engine operating intermittently, such as an explosion-
cycle thrust chamber, and was attributed to pressure oscillations
causing intermittent oxygen vaporization in the injection orifice. A
transition from smooth combustion to motorboating and then
chugging was observed as chamber pressure continued to decrease.
A high frequency instability between 1100 Hz and 1500 Hz, called
whistling, was present in most of the tests with the high-pressure-
drop injector.

The performance over the throttling range generally agreed with
theoretical model trends. The characteristic velocity efficiency is
shown in Fig. 1. A significant reduction in performance, however,
occurred at less than roughly 30% chamber pressure. Higher than
expected propellant flow was observed to be necessary at low thrust
and was thought to be due to poorer combustion at lower chamber
pressures. Conditions 1 through 6 plotted in Fig. 1 examined the
effects of nozzle area expansion, chamber length, throat diameter,
and injector modifications on the performance. However the key
finding was the significant drop in performance at the lower power
levels.

Heat transfer rates were found to remain constant over most of the
throttling range down to roughly 59% chamber pressure. Below this,
the heat transfer rate dropped off and was assumed to be due to
separating flow in the nozzle. At 56% chamber pressure using the
low-pressure-drop injector and at 87% chamber pressure using the
high-pressure-drop injector, the heat transfer rates increased 2.5-3
times over normal, which was correlated to a 300 Hz oscillation in the
external environment, but it was not understood whether this was a

cause or a symptom of the high heat transfer. Below roughly 30%
chamber pressure, fuel coolant was expected to vaporize in the
regeneratively cooled engines. To prevent vaporization of the
coolant, the engine was required to operate with a low mixture ratio.
This helped prevent roughness, burnout, or cessation of operation
due to fuel vaporization in the coolant jacket.

2. Project MX-794 (1950) [21]

Under contract to the United States Air Force, the Willow Run
Research Center at the Univ. of Michigan measured rocket engine
throttling performance to analyze and design ballistic and airborne
defense systems. Several instabilities were encountered during
testing at lower chamber pressures. These were described as
whistling, howling, rough burning, and chugging as the thrust was
reduced. During whistling and howling, the noise intensity was high
enough to shatter glassware, and standing wave patterns were visible
in water on the test cell floor. Whistling was likely the acoustic
response from a high frequency combustion instability. Howling and
rough burning were likely sounds generated from low frequency
combustion instability, or chug in current nomenclature. Chugging
was described as an instability with pulsing combustion at the time,
and was probably a low frequency hydraulic instability in the
injector. Heat transfer in the engine rose abruptly during the combus-
tion instabilities. Performance was observed to decrease during
throttling. Hysteresis was observed during attempts to move in and
out of the regions of instability.

One conclusion of this program was that unstable combustion was
a serious problem in throttling and could result in erratic operation
and destruction of the rocket engine. It was also concluded that a
variable area injector would probably be required to successfully
throttle over a range of 5-to-1, and that it would be feasible to use
regenerative cooling over the full 10-to-1 throttling range.

Several throttling methodologies were also analyzed in these
studies. A table comparing these methods is shown in Fig. 2. Variable
area injectors, described in a later section of this paper, were
identified to be the most promising throttling method.

3. NASA Lewis Research Center Study: Modified RL10A-1 (1964) [29]

A modified RL10A-1 engine was used to investigate steady-state
and dynamic characteristics during throttling from 100 to 10% of
thrust in an altitude facility at the NASA Lewis Research Center. The
modifications to the standard regeneratively cooled and pump-fed
RL10A-1 engine included the addition of a turbine bypass valve to
vary the amount of flow through the turbine, smaller oxygen injector
orifice areas to increase injector pressure drop and provide better
atomization at low thrust, and a chlorotrifluoraethylene monomer
insulation between the oxygen and hydrogen injector manifolds to
reduce heat transfer that caused oxygen boiling at low thrust.
Analysis indicated that rapid transients from high to low thrust could
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Fig. 2 Chart of throttling techniques from Project MX-794 [21].

stall the fuel pump. Emphasis was placed on determining the steady
and dynamic characteristics as well as the operational limitations due
to interacting engine components.

Three injector configurations were tested, including a shear coax
element injector with midlevel oxidizer pressure drop (33% chamber
pressure), and two swirl coax element injectors with low (20%) and
high (60%) oxidizer pressure drops. All three injector configurations
included the injector manifold insulation as well as a transpiration
cooled faceplate using approximately 2% of the total fuel.

Chug at about 170 Hz was evident at low thrust for all three
injectors. The onset of chug, however, occurred at the lowest
chamber pressures with the higher pressure drop injectors, as shown
in Fig. 3, although mixture ratio played a significant role. At a
mixture ratio of 4.5, for example, the onset of chug occurred at 32%
thrust for the lowest pressure drop injector, and 25% for the middle-
pressure-drop injector, and never occurred for the highest pressure
drop injector.

Chug was defined for the purposes of Fig. 3 to be any noticeable
periodic oscillation greater than the noise floor. The highest
amplitude peak-to-peak oscillations of about 80% of chamber
pressure occurred at the lower thrust-lower mixture ratio region.
Figure 3 also shows that two of the injectors became stable again at
chamber pressures less than about 40 psia or around 10% thrust. This
restabilization at very low throttling is due to gasification of the
oxygen, probably due to heat transfer from the warm hydrogen, at a
rate sufficient to increase the oxygen pressure drop.

Figure 4 compares oxygen flow rate and pressure drop for the
shear coax injector. The deviation from the linear pressure drop
relation in the figure indicates a change in oxygen density, and the
beginning of two-phase flow through the oxidizer injector orifices.
The amount of deviation is shown in Fig. 4 to be dependent on the

temperature of the hydrogen fuel. The added injector resistance
(increase in pressure drop) was enough to overcome the negative
effects on stability of the increased compliance (more vapor) in the
manifold. Several other methods to increase the oxidizer injector
pressure drop were also proposed, including further reduction of the
oxidizer injector area if pump head rise was available, providing heat
to increase the amount of vapor in the manifold, and injecting gas into
the liquid oxidizer manifold.

The engine was also operated in pressurized mode without the
pump. Chamber pressures of 10 to 15 psia (about 3-5% rated
chamber pressure) were explored over mixture ratios from 2 to 6. The
lower limit of 10 psia was due to the inability of the exhaust nozzle to
flow full at the available pressure ratio provided by the test facility.
High temperatures were reached in the jacket outlet temperature at
mixture ratios of 5 and higher. A temperature of 700°R at a mixture
ratio of 5 was determined to be the safe limit since discoloration,
metal erosion, and tube burnouts occurred at higher mixture ratios.
These tests demonstrated the feasibility of reaching 3% thrust using
pressure-fed propellants and inoperative pumps.

Reducing the chamber pressure from 100 to 33% reduced the
specific impulse by about 3%, but the performance decay was faster
below 33% chamber pressure. This influence was expected, because
for fixed-orifice-injectors the liquid oxygen pressure drop is reduced
with the square of the propellant flow rate, and probably worsened
atomization and mixing. Performance was also worsened with the
onset of chug, which reduced performance by an additional 8%. The
high-pressure-drop swirl coax injector performed the best at low
thrust compared with the other two injectors. Both swirl injectors
also performed better then the shear element injector.

At a mixture ratio of 5, the chamber coolant jacket outlet
temperature increased 100°R over the throttling range from 100 to
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25%. The increase in temperature was due to the proportionate
decrease in propellant flow rate (and coolant flow rate) with pressure.
Opverall, cooling ability decreased at lower thrusts, although adequate
cooling was available over the range tested.

In addition to chug, a flow instability between 1 and 5 Hz
occurred in the fuel system below chamber pressures of 33% thrust,
or when the coolant jacket pressure reached the hydrogen critical
pressure. Regions of mild oscillations and severe oscillations were

evident. The mild oscillations were 10-20% of the fuel weight flow.
The severe oscillations at high mixture ratios required engine abort
because of overheating of the coolant tubes. It was shown that pump
boundary conditions and effects were not a cause by demonstrating
the phenomenon in engine pressurized mode operating without the
pump. The speculation was that an unstable liquid-vapor interface
was established in the chamber coolant channels. The theory was
verified when gas helium or hydrogen was injected upstream of the
coolant jacket, which created a finely distributed region of phase
transition. Gas weight flows of 20% of the hydrogen weight flow
were needed for stabilization. Another method for avoiding the
oscillation was to operate at lower mixture ratios.

Dynamic characteristics were investigated during thrust tran-
sients. At high deceleration ramp transients, the pump was driven
into a stall condition. This high deceleration ramp created a fuel flow
excursion from normal flow rates into the stall region. The flow
excursion, as simulated with an analytic system model, showed that
the accumulator action of the chamber cooling jacket and feed line
maintained a high pump discharge pressure while the head-rise
potential of the pump decayed rapidly during the transient. No
operational problems occurred with high acceleration ramp
transients.

4. ARES Throttling: Scaling Design Study Program (1967) [30-33]

The Air Force Rocket Propulsion Laboratory at Edwards Air
Force Base sponsored development of a throttleable and restartable
staged-combustion cycle engine called the advanced rocket engine
storable (ARES) engine at the Aerojet General Corporation. The de-
sign goal was 10-to-1 throttling using a high performance throttling
injector (HIPERTHIN) [34] and a transpiration cooled chamber.
Although no testing was performed, details of the design changes
from a fixed thrust engine to a throttleable version are provided in the
documentation along with predictions of stability and performance.

Aerojet Liquid Rocket Company also studied a throttling injector
concept applicable to an advanced cryogenic engine and suitable for
staged combustion engines. The engine system was to be throttleable
over a 33-to-1 thrust range. The unique injector design contained an
integral heat exchanger to extend throttling by gasifying the
cryogenic propellants before injection. The heat exchanger operated
by tapping off combustion gases which were directed through a
HIPERTHIN injector in a counterflow manner. Predicting the
pressure drop aspects of this injection system was difficult because
the propellant phase in the injector transitioned from supercritical, to
two-phase, to gas as the engine throttled down. With gas injection,
the injector maintains a constant Ap;,/p. over a wide range of
throttling, which is advantageous to an engine system because
adequate feed system impedance can be maintained without using
excessive injection pressure drops at full thrust. Testing of the heat
exchanger showed nonuniform heat exchange surface in the injector
manifold area and insufficient surface area.

5. DC-Xand DC-XA (1991) [35]

The regeneratively cooled expander-cycle RL10A-5 engine, a sea-
level throttleable derivative of the RL10 engine family, was
developed by Pratt and Whitney under contract to McDonnell
Douglas through a Ballistic Missile Defense Organization funded
program, for use on the DC-X (Delta Clipper—Experimental) vehicle,
a single-stage to orbit rocket technology demonstrator. Four RL10A-
5 engines were installed on the DC-X vehicle. The three major
differences of the RL10A-5 engine from the rest of the RL10 engine
family were sea level operation, throttle capability from 100% to
30% of rated thrust, and reusability. NASA later sponsored a
continuation of the program called DC-XA (Delta Clipper: Experi-
mental Advanced), which used the same engines.

Several successful flights of the DC-X and DC-XA included
vertical launch, hovering, translating, and vertical landing. One flight
reached an altitude of 10,500 ft. On the third flight, two of the engines
started slower than the others and resulted in an uneven engine
acceleration, but the engines recovered and performed nominally
thereafter. The problem was traced back to gaseous helium
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unwillingly being ingested into the liquid oxygen feed lines,
degrading combustion, and lowering thrust. The RL10A-5 demon-
strated a 3.3:1 throttling range.

6. NASA-Aerojet Joint Cooperative Study: RD-0120 (1996) [36]

Under a joint cooperative agreement with the NASA Marshall
Space Flight Center (MSFC), the Aerojet Liquid Rocket Company in
1996 demonstrated off-nominal power operation of the staged
combustion cycle RD-0120 engine for reusable launch vehicle
(RLV) evaluations of the X-33 demonstrator vehicle propulsion
system. Rated power levels between 25 and 100% were examined,
including one test simulating an RLV abort scenario with continuous
operation at 25% power level of 480 s duration. No combustion
instability was observed at any power level. Following the long
duration test at 25% power level, however, about 20% of the nozzle
brackets which held the stiffening rings to the nozzle were found to be
damaged; this was attributed to excessive nozzle vibration during
separated nozzle flow at the sea level facility. The nozzle was not
designed for operation at 25% power level, and could easily be
redesigned to eliminate damage.

7. NASA-Boeing Rocketdyne Joint Cooperative Study: SSME (1997)
[37,38]

Under a joint cooperative agreement with the NASA MSFC in
1997, Boeing Rocketdyne demonstrated off-nominal power
operation of the staged combustion cycle space shuttle main engine
(SSME) for RLV evaluations of the X-33 demonstrator vehicle
propulsion system. The SSME does not have a higher-than-usual
pressure drop; butit s classified in this section because at low thrust it
maintains a high enough pressure drop to operate. Rated power levels
of 17,22, 27, 40, 45, and 50% were examined. Normal operation of
the SSME ranges from 65 to 109% rated power level. Chamber
pressure profiles from two tests are shown in Fig. 5. The SSME
was recently throttled again in 2008 at the NASA Stennis Space
Center.
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Fig. 5 SSME low power level chamber pressure [37,38].

Thrust was predominantly controlled using the oxidizer preburner
oxidizer valve, and mixture ratio was controlled using the fuel
preburner oxidizer valve. At low thrust, the chamber coolant valve
(CCV) was closed more than normal to help increase turbine inlet
temperatures, due to a concern about production of ice in the oxygen
preburner. In fact, higher-than-expected nozzle separation heat loads
in combination with the CCV modification precluded icing concerns.
The mixture ratio was fixed between 3 and 4 to provide a safe margin
from the high-pressure fuel turbopump boilout point (or stall), which
also provided additional cooling of the main combustion chamber at
low thrust. The stall point was the most significant issue that drove
the operating point balance.

Reduction of the thrust to 17% (or about 6.4:1 throttling from
maximum power level) was achieved by further closing of the fuel
preburner oxidizer valve, since the oxidizer preburner oxidizer valve
was already at a minimum area. High sample rate instrumentation did
not include a chamber pressure measurement, but there was no
evidence of combustion instability in accelerometer measurements.
The oxidizer injector pressure drop was so small that the measure-
ments from the test data were not valid, but the pressure drops across
the control valves were high and possibly protected against chug. A
pump flow test program was recommended to establish safe
operating regimes for the pumps at thrusts lower than 17%.

There were many pump-related concerns before running the
throttling tests, including rotordynamic stability of the turbopumps,
running the high-pressure turbopumps at shaft critical speeds, the
ability of the high-pressure fuel turbopump thrust bearing to lift off,
the ability of the hydrostatic bearing of the high-pressure oxidizer
turbopump to run in the stall region, the possibility of the freezing in
the high-pressure turbopump turbines, the ability to sustain a
satisfactory axial thrust balance, the bistability of the high-pressure
oxidizer turbopump boost pump, and the performance of the
turbopumps at low flow-to-speed ratios. Of these concerns, only a
slight preburner boost pump bistability was observed at 50% rated
power level.

8. Deep Throttling Common Extensible Cryogenic Engine (2005)
[39-41]

Pratt and Whitney Rocketdyne conducted tests of a modified
RL10 engine, assembled from a mixture of heritage development
hardware and renamed the common extensible cryogenic engine
(CECE) demonstrator. The engine was designed for technology
development and risk reduction applicable to a deep throttling
cryogenic lunar descent engine. Figure 6 shows the engine at
multiple power levels during a hot run.

Two major hardware modifications to the RL10 engine system
were made for CECE. First, features of the injector were altered to
allow adequate operation over the full throttling regime. This
included a reduction in the area of the oxidizer flowpath and a
reduction of the outer row mixture ratio. These changes allowed full
operation over the throttling range and improved thermal margin.
The fuelside flow area was similar to the base RL10 engine and
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Fig. 6 CECE shown at multiple power levels [41].

needed little modification. The second modification was the selection
of a valve suite that provided the necessary system control flexibility.
The valve suite used in CECE is discussed in more detail in [39,40];
two key additions were a fuel turbine bypass flow to supplement the
existing bypass flow route and the addition of a variable area
cavitating venturi.

Over the Demo. 1.0, Demo. 1.5, Demo 1.6, and Demo. 1.7 test
series, CECE has accumulated 7435 s of total run time while
achieving a throttle range in excess of 17.6-to-1. Figure 7 shows
CECE at 30% power level with ice formation on the nozzle rim due to
the cooling and eventual freezing of the steam by the cryogenically
cooled nozzle wall. Swirl injector throttling, like that used by the
RL10 and CECE throttling configuration, including effects of
reduced mass flow rate and elevated chamber backpressure was
studied in [42].

Chug oscillations, similar to those observed in [29,43], were
encountered at low throttle power levels. The presence of vapor in the
oxidizer manifold and feed system was deduced by extensive

Fig. 7 CECE at 30% power levels showing ice formation [39,40].

stability modeling to be responsible for the less than expected
margin. An injector revision that incorporated insulation in the LO,
manifold, similar to the injector revision described in [29], was tested
in Demo. 1.6 and Demo. 1.7. The insulation provided additional
chug margin by effectively decreasing the onset of chug to a lower
power level. Using gaseous helium injection, as in [29], was also
considered. The gas injection was successful in eliminating chug
oscillations.

B. Dual-Manifold Injectors

A dual-manifold injector, also called two-stage, dual-element,
dual-circuit, or dual-orifice, is an injector designed to maintain
satisfactory injector pressure drops at low thrust levels while not
requiring the often excessive pressure drops at full thrust seen in the
high-pressure-drop injectors described in the previous section. The
dual-manifold injector essentially combines two fixed-area injectors
into a common structure, with independent feed systems controlling
flow to each injector manifold. Deep throttling is achieved by
proceeding from two-manifold (primary and secondary) operation at
high thrust to single-manifold (primary) operation at low thrust, thus
changing the effective injection area. Changing from two-manifold
to single-manifold operation is usually as simple as closing a valve.
Several constraints must be optimized in the injector design from
system requirements, including the pressure drop at the minimum
power point, the minimum pressure drop for the secondary manifold,
and the maximum injector pressure at full power (maximum thrust).
This injection method has been used for fuel injection in turbojet
engines, and it was also used by German engineers in the early days
of throttling LRE development [19].

Higher pressure drop across the injector at low thrust is advanta-
geous for both performance and stability, as previously described.
Finer atomization of the propellants usually depends on higher
injector pressure drop [44]. The injector hydraulic pressure drop ratio
required to promote stable combustion is injector dependent, but
generally should be at least 15-20% of the chamber pressure.

As with the high-pressure-drop injectors previously described,
continuous throttling is provided by control valves in the propellant
feed systems. At the operating point where the pressure drop in the
secondary manifold reaches its minimum, the control valve feeding
the secondary manifold closes, and all the flow transitions to the
primary manifold. This abrupt reduction in injection area causes an
abrupt increase in injector pressure drop across the primary manifold
when flow rate is held constant. The transition historically has ranged
between 20 and 50% of full flow. Studies have been performed to
examine methods for transitioning smoothly by varying flow through
both manifolds appropriately.

1. Advanced Throttling Concepts Study (1963) [45—47]

An Advanced Throttling Concept Study (1963-1965) was
conducted by Pratt and Whitney Aircraft (P&WA) and United
Technology Center and a parallel High Energy Advanced Throttling
Concept Study (1964-1966) was conducted by P&WA under two
separate Air Force contracts. Before these studies, P&WA sponsored
tests of a dual-manifold subscale injector over a 23-to-1 flow range
with the propellants that would be used in the Advanced Throttling
Concept Study. This study also examined gas injection and combined
methods of throttling and is discussed in other sections. The intent of
the Advanced Throttling Concept Study was to evaluate injector
systems to provide high combustion performance during deep
throttling (specified down to 50-to-1). The engine was pressure-fed
and used storable propellants. Two injector patterns were examined
in this study; the triplet-element injector is shown in Fig. 8.

Each propellant orifice consisted of a primary flow inner orifice
and a secondary flow concentric outer orifice, as illustrated in Fig. 9.
A flow divider valve controlled the flow split between the primary
and secondary flowpaths. High average injection velocities were
maintained over a wide thrust range by the controllable flow split and
by the momentum exchange between the two concentric streams,
which was high enough to obtain good interpropellant mixing. The
primary flow was found to accelerate the low secondary flow (even as
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Fig. 8 Triplet-element dual-manifold injector [45-47].

low as 2% thrust), as was demonstrated in water flow experiments.
Acoustic liners on the chamber walls were used to damp high
frequency chamber pressure oscillations.

System analyses before the test found that the pressure inside the
secondary oxidizer manifold would be below the propellant vapor
pressure at low thrust. In the transition thrust range (with two-phase
propellant) and pure vapor thrust range at low power levels, there
would be significant change in the primary-to-secondary flow split,
but only a small effect on total propellant flow, so the presence of
vapor in the oxidizer secondary manifold was expected to have a
negligible effect on mixture ratio and chamber pressure. A nonlinear
dynamic system model also showed no divergent oscillations in the
chamber at any point in the thrust range and was used to design
optimum propellant supply line geometry. Performance and
throttling characteristics of both the triplet-element injector and the
second injector developed under this program (and not discussed
here) are limited release data.

The intent of the High Energy Advanced Throttling Concept
Study was to evaluate the throttling capability and performance of the
dual-orifice injectors using high energy F, /H, pump-fed propulsion
systems for use in maneuvering satellite applications. Tests were
performed with several subscale and full scale injectors with dual-
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Control Valve

Secondary Injector

Injector Detail

Fig. 9 Dual-manifold injection flow system schematic [45-47].

manifold concentric injector orifices and upstream flow control
valves as in the Advanced Throttling Concept Study. The subscale
injectors were throttled over a 12:1 thrust range. The full scale
injectors were throttled over a 29:1 thrust range. Gaseous hydrogen
was used as the fuel and thus only the oxidizer dual-manifold was
needed.

2. Chamber Technology for Space Storable Propellants (1964) [48-51]
A 5 yr analytical and experimental program called Chamber
Technology for Space Storable Propellants investigated dual-
manifold injector throttling. The purpose of the program was to
develop design criteria for selected space storable fuels in combi-
nation with oxygen difluoride. FLOX (70% fluorine, 30% oxygen)
was experimentally verified as an excellent simulant for oxygen
difluoride in terms of performance and heat transfer and was
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Fig. 10 Dual-manifold flow control schemes [48-51].
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configuration [50]: propellants: FLOX/MMH; mixture ratio:

1.79:2.36; chamber length (injector throat): 10.32 in.; test number: 2

0,300,40,5A,60,7 V.

substituted as an oxidizer in most tests because of its lower cost. The
injector contained dual manifolds for both fuel and oxidizer. The
transition to primary-only flow occurred at 49% thrust. The engine
repeatedly throttled over a 10-to-1 range in a variety of duty cycles
including demonstration of continuous throttling. The ¢* efficiency
ranged from 92 to 98% over the thrust range with peak values just
below the transition point with the primary manifold operating only
and at the highest thrust level with both manifolds operating together.

Two valve flow control schemes, parallel and series as shown in
Fig. 10, were investigated. The parallel valve scheme allowed control
of the flow to both the primary and secondary manifolds simulta-
neously. At the transition chamber pressure, the secondary flow was
cut off and the single throttle valve fully opened. The difficulty with
this simple parallel system was that four valves had to operate
simultaneously to ensure a smooth thrust change at transition. The
series valve scheme provided independent flow control to each
manifold propellant line. Throttling began by reducing secondary
flow with the primary valve still fully opened. Upon closure of the
secondary valve, the primary flow was reduced to continue throttling.
The series scheme provided a performance advantage at the
midthrust range before throttling down through the predetermined
chamber pressure.

One case of instability occurred with rough combustion at 90%
thrust and 170 Hz and a peak-to-peak chamber pressure oscillation of
13%. This oscillation was eliminated upon closure of the secondary
injector control valve. Release of trapped injector purge gases
between the fuel throttle valve and injector probably triggered the
instability by passing two-phase flow through the injection orifices.
A change to the fuel injector purge pneumatic system was made for
subsequent tests and no further instabilities were encountered.
Otherwise, all thrust levels demonstrated excellent stability.

Peak performance occurred at secondary flow cutoff when there
was a maximum injector pressure drop, or high injection velocity.
The performance curve using the series valve configuration is shown
inFig. 11. Ingebo [52] relates volume mean droplet diameter, D, to
jet diameter D and velocity V for impinging stream injectors.

An empirical correlation was then developed that related injector
design parameters to the combustion efficiency. The relationship is

Eq. 2
ne=1-4(y7) @

where A and B are empirical constants whose values change for
different propellant combinations and chamber geometries. The
primary and secondary systems can be combined into a mass-
weighted average c¢* efficiency. No variation in the Rupe mixing
efficiency E,, [53] was shown at any point in the entire throttle range.

The system response in general was good, although there was a
significant delay when traversing from low thrust to high thrust
because of the need to prime the secondary manifold. This would
have to be corrected for fast thrust response missions. Continuously
flowing fluid through the secondary manifold, either by a bleed flow
through the secondary valve or a bleed flow from the primary fluid
flow, was proposed to reduce the response during transition.

The throttling heat transfer results suggested that the boundary
layer in the nozzle region would transition from turbulent to
transitional and/or laminar at some point during the throttling range.

3. Reusable Rocket Engine Program (1967) [54-65]

Pratt and Whitney contracted with the U. S. Air Force over several
years in the late 1960s and early 1970s to develop a reusable
advanced cryogenic staged combustion engine. The initial config-
uration of this engine was required to throttle 5-to-1 and deliver 96%
theoretical specific impulse at nominal thrust and 94% during
throttling. Consequently the injectors included dual-manifold
systems in both oxidizer circuits of the preburner and main injectors,
and a variable area system in the fuel circuit of the preburner injector.
Both injectors used oxidizer tangential-entry swirl coaxial element
designs with dual-inlets, with the main injector including two
tangential inlets (also called a stacked configuration) and the
preburner injector including one tangential inlet and one axial (not
self-atomizing) inlet. Testing in component and staged combustion
configurations revealed stable operation over the 5-to-1 range as well
as dynamic stability demonstrated by combustion chamber pulse
guns with up to 80 grains of explosive. Unfortunately, the use of both
dual-manifold oxidizer and variable-geometry fuel systems in the
preburner was found to be difficult to control, the variable
area fuel circuit experienced mechanical problems, and the hot gas
temperature profile variability exceeded requirements. The specific
impulse efficiency of the main injector was about 93% at 100%
power level, and about 90% at 20% power level, which also did not
meet requirements. The ¢* efficiencies were about 98 and 96% at
nominal and throttled conditions.
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b) Close-up of oxidizer dual-manifold configuration
Fig. 12 XLR-129 dual-manifold preburner configuration [54-65].
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A subsequent phase of this program, with an engine renamed the
XLR-129, involved modification of the preburner and the main
injector in an attempt to satisfy these requirements, including a
modification for 99% c* efficiency at rated thrust and 97% efficiency
during throttling. The design for the main injector eliminated the
dual-inlet (or stacked) oxidizer circuit and used one major flow
passage. The design for the preburner eliminated the variable area
fuel system in favor of a fixed fuel area, but modified the dual-
manifold oxidizer circuit from one tangential inlet and one axial inlet
to two tangential inlets. This preburner configuration is shown in
Fig. 12, and the dual-inlet oxidizer swirl coaxial injector element is
shown in Fig. 13. Extensive cold flow testing of dozens of preburner
element design configurations was conducted to develop a hydrody-
namically stable flow over the 5-to-1 operating range.

Initial testing of the preburner showed satisfactory hot gas
temperature profile variability, but chug was encountered at 20%
power level with amplitudes of about 11% of chamber pressure and
frequencies between 75 and 150 Hz. Development analysis and
testing indicated that the chug was caused by two factors: low
secondary circuit LO, pressure drop and excessive secondary LO,
manifold volume. Oxygen flowed through both oxidizer circuits over
the entire throttling range, so that at low power levels, pressure drop
in the secondary manifold was reduced to a few percent of chamber
pressure. The chug was never eliminated, even by increasing the
primary flow split to 90% and increasing the mass-weighted percent
pressure drop to nearly 60%. It was suggested that preburner pressure
oscillations were bypassing the high-pressure-drop primary flow and
driving the system from the secondary flow. This did not happen
during the initial phase of the program with a different inlet
configuration, even with mass-weighted pressure drops to as low as
4% of chamber pressure. It was predicted that a reduction of the
secondary manifold volume by 20-40% would stabilize the system,
and during component development a redesigned injector with
reduced LO, manifold volumes in both primary and secondary
circuits operated without chug at the 20% power level, although
during many tests there was leakage between the primary and
secondary circuits.

4. Throttleable Primary Injector for Staged Combustion Engine
Program (1968) [66]

Aerojet Liquid Rocket Company, under contract to the Air Force
Rocket Propulsion Lab., demonstrated a throttleable main injector
for a staged-combustion cycle, space engine using storable
propellants and a platelet HIPERTHIN injector [34]. The engine was
designed to operate over a 10-to-1 throttling range. Four injector
configurations were tested, including three single-manifold injec-
tors, showerhead oxidizer/showerhead fuel, showerhead oxidizer/
impinging fuel, and impinging oxidizer/impinging fuel, and one
dual-manifold injector with impinging oxidizer/impinging fuel. The
dual-manifold injector consisted of two fuel manifolds and two
oxidizer manifolds with independent platelet circuits for each
manifold, as illustrated in Fig. 14.

To achieve the full 10-to-1 throttling range, the main injector
included dual manifolds in both fuel and oxidizer circuits, although
only a single manifold would be used at low thrust for fuel and
oxidizer. The lowest throttling points were stable when single
manifolds were used for both fuel and oxidizer. Chug with peak-to-
peak amplitudes of 44% of chamber pressure at 54—115 Hz occurred
when the dual manifold was used with one propellant, although dual
manifolds at low thrust was not the normal configuration. Perfor-
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Fig. 13 XLR-129 dual-inlet swirl coax oxidizer element [54-65].
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Fig. 14 HIPERTHIN platelet dual-manifold injector design [66].

mance of the dual-manifold injector was favorable, showing as good
as or better than the single-manifold designs at the tested mixture
ratios, due to the increased atomization of the higher velocity
elements producing more momentum exchange at the higher
pressure drops.

5. Advanced Expander Test Bed Program (1990) [67-73]

Pratt and Whitney was contracted by NASA to develop and
demonstrate the advanced expander test bed (AETB), an expander-
cycle oxygen—hydrogen engine technology applicable for space
engines. Among many other features, the AETB was to have a high
degree of throttleability with a requirement of 5-to-1 and a goal of 20-
to-1. Design of the dual-manifold injector had been completed
previously in an inhouse Pratt and Whitney Space Engine Compo-
nent Technology Program. Only the oxygen circuit used a dual
manifold; the fuel flowed through a single manifold. The two oxygen
streams mixed within the injector element. A lumped parameter
electrical circuit analogy analysis of the feed system predicted no
chugat$, 10, and 20% thrust. Part of the AETB program evolved into
a separate technology development NASA Space Act Agreement.
This program involved testing a 25 Klbf Thrust Chamber Assembly
designed for 20-to-1 throttling capability using the same AETB dual-
manifold injector design. Testing took place in 1996 at NASA
Marshall Space Flight Center; the data are currently Pratt and
Whitney Rocketdyne proprietary.

C. Gas Injection

Gas injection into propellant, also referred to as foamed-flow or
propellant aeration, is a throttling methodology for LREs that
reduces the bulk density of the propellants by introducing a much
lower density (sometimes inert) fluid into the propellant flow. The
change in flow rate is typically small. For liquid flows at constant
flow rate, the pressure drop is inversely proportional to the bulk
density. Thus, with gas injection at a particular thrust level, the liquid
circuit injector pressure drop is increased. The higher pressure drop
increases the chug stability margin thrust range and may increase the
performance for fixed-geometry injectors. Russian experience
suggests, however, that gas injection can lead to the onset of high
frequency pressure fluctuations [4].

1. NACA Research (1956) [74]

A research memorandum published in 1957 by the NACA Lewis
Flight Propulsion Lab. demonstrated rocket thrust variation with
foamed storable propellants, using helium as the foaming gas.
Several qualitative tests of the gas injection device were made in
water. The final helium injector device consisted of a 2 in. long tube
with 11 circles of 20 small holes. Careful calibration of the device
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was necessary to obtain smooth homogeneous injection and to
prevent surges of gas into the liquid. For this system, helium pressure
no more than 100 psi greater than the liquid pressure was allowed to
obtain smooth helium injection.

A theoretical model was developed that calculated the reduction in
liquid flow as a function of gas-to-liquid ratio. The model considered
isothermal gas flow under thermal equilibrium and, separately,
adiabatic flow assuming no energy exchange between the gas and
liquid. Less gas injection was shown to be needed at a particular
thrust level with a denser liquid-propellant flow. Gas injection for
thrust variation was shown to be a feasible technique that did not
impair combustion efficiency.

It was pointed out at the time of the program that there would be a
weight penalty for the additional propellant and its associated
hardware; also the discharge coefficients and heat transfer char-
acteristics for a foamed fluid at various conditions would need to be
characterized. The pressure difference between the liquid and gas
would need to be kept low to produce homogenous, uniform, and
stable foams. Water flow experiments showed that a large pressure
difference created intermittent liquid flows, which could create low
frequency combustion instability.

2. NASA Study: Modified RL10A-1 (1964) [29,43]

During throttling tests of amodified RL10A-1 at the NASA LeRC,
described in a previous section, chug occurred at thrust levels higher
than expected due to oxygen boiling in the manifold. The sources of
the boiling were increased fuel temperatures in the adjacent
manifold, along with reduced oxygen saturation temperatures.
Videos were taken of the liquid oxygen manifold through a sapphire
window. For a particular chug oscillation cycle, oxygen vapor
bubbles were observed to form inside the liquid oxygen manifold and
then collapse at the same frequency as the chamber oscillations. A
sequence of events postulated for this coupled dynamic system was
as follows: 1) bubbles began to appear and the liquid oxygen
manifold pressure dropped; 2) as the size and number of bubbles
increased, the bulk density decreased and the injector pressure drop
increased; 3) atomization improved and the chamber pressure
increased; 4) liquid oxygen flow was reduced and manifold pressure
increased; 5) bubbles condensed back into the liquid, which reduced
the pressure drop and worsened atomization and lowered chamber
pressure; 6) manifold pressure decreased because of an increased
liquid oxygen flow, 7) bubbles began to appear again and the cycle is
repeated.

To eliminate chug, gaseous oxygen or helium was injected into the
liquid oxygen propellant line at the manifold inlet flange to produce a
foamed liquid of reduced density. The gas was injected through a
vacant instrument port and no attempt was made to distribute the gas
or control the bubble size. Video into the manifold showed that the
bubbles were too fine to see and appeared as a fog. Helium injection
of approximately 0.4% of the liquid oxygen weight flow, or oxygen
injection of 4% of the liquid oxygen weight flow, eliminated chug
over the entire 10-to-1 throttling range. Differences in required flows
were due to the difference in gas volumes as well as condensation of
some of the gaseous oxygen.

Gas injection restored the performance lost by the chug. In one
case, a 7.5% increase in Ap;,/p. to a value of 15% Ap;/p,
eliminated chug at 22% thrust. The increase in pressure drop to
stabilize the combustion with injected gas agreed with the increase in
pressure drop required without gas. Helium was also injected into the
oxygen manifold at rated thrust levels to see if that improved
performance, but only a negligible increase was noted.

3. Advanced Throttling Concepts Study (1964) [45,75]

Pratt and Whitney Aircraft also studied a gas injection technique
called cross-injection, in which small amounts of storable fuel were
injected into the storable oxidizer propellant line and small amounts
of oxidizer were injected into the fuel propellant line, which
produced combustion gas in the propellant lines. The propellant line
pressures were increased, which improved throttling capability. This

study also examined dual-manifold injectors and combined methods
of throttling and is discussed in other sections.

Two operational modes were considered using a fixed-area
injector. In the first mode, an appropriate mixture ratio (for the
secondary cross-injected flow) was determined for a particular thrust
to provide a temperature and pressure rise in the propellant line at that
thrust level. A significant pressure drop was established across the
injector. Since the secondary line pressure remained constant as the
propellant flows increased, however, the pressure drop increase
returned to that of a fixed injector case, so that this mode was only
beneficial over a small thrust range.

The second mode requires control of the secondary propellant
flow. The secondary mixture ratio was held constant over a given
thrust range (2-~20% in this case). The disadvantage of this method
was that it required a more complicated flow control, but it would
maintain high injection pressures and velocities over the range of
interest. Figures 15 and 16 show the effect on injection pressure drop,
considering a small amount of secondary oxidizer flow into the
primary fuel line.

The cross-injection technique was hot-fire tested with an injector
in the secondary line that provided a 90° hollow spray pattern in
water flow giving fine atomization. Secondary propellant flow
mixture ratios were from 0.003 to 0.009 for the oxidizer-into-fuel
case and 147-525 for the fuel-into-oxidizer case. Repeatable and
stable results were demonstrated, with only very small amplitude
oscillations evident at 10 and 170 Hz.

4. Throttling Concept Study (1965) [76]

The Bendix Corporation investigated the gas injection technique
using nitrogen gas with a storable propellant injector. A throttle range
of 35-to-1 was demonstrated with nitrogen, and a 50-to-1 throttle
range was considered possible using helium gas instead of nitrogen.
Combustion was stable and efficiency was preserved over the entire
throttle range. This concept evolved into the Bimode Bipropellant
Attitude Control System, which was capable of both pulsing and
continuous throttling. Attitude control motors normally use
maximum thrust to maneuver the vehicle, but stabilization, a much
more complex mode, would be much easier with a varying thrust
capability. The Bimode concept keeps the advantage of short
duration, maximum amplitude, thrust pulses that result in the
maximum unaccelerated coasting time.

5. Other Engines

The Rocketdyne SE-10 engine, a competitor to the variable area
injector design for the Apollo lunar descent engine, used helium gas
injection at low thrust to enable deep throttling [3,19,77]. A 200—
500 Hz chug at low thrust, however, as well as intermittent popping,
remained present with and without the helium injection. Additional
problems with self-induced first tangential modes occurred early in
developmental tests, which were solved by implementing a Y-shaped
baffle arrangement [78].
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Fig. 15 System pressures versus fuel flow rate with a constant
secondary mixture ratio [75].
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Attitude control thrusters and other very small thrusters (with
thrusts of near 1 Ib [79]) use the gas injection technique not
necessarily to increase the injector resistance to enable deep
throttling, but to alter the total flow rate. This is possible because at
low thrust, the flow change due to the addition of gas is not negligible
as it is at high thrust.

D. Multiple Chambers

The principle of throttling with multiple chambers involves
stopping flow through one or more chambers or varying the thrust of
each chamber independently. A deeper throttling can be obtained by
independently throttling multiple chambers by a small amount. This
concept is primarily used in aerospike engines, but has been used in
other rocket engine systems as well. Disadvantages include feed
system complexity and additional weight, as well as the difficulty in
managing propellants and thrust transients during each engine
startup or shutdown [19]. Also, stopping flow through individual
thrusters on aerospike engines can result in significant thermal issues.

Russian engines often use this feature for reasons other than for
throttling [3,80]. It was found that small diameter combustion
chambers did not present the stability problems exhibited in larger
diameter chambers. With multiple chambers, each chamber diameter
could be reduced. Additionally, smaller parts were easier to
manufacture, there was an improved capability to provide thrust
vectoring, and the overall engine length was reduced. The engine-out
reliability was said to be increased because one or more thrust
chambers could be shut off and the total thrust could be maintained
by increasing the thrust of the other chambers. Multiple chambers do
not, however, provide the optimum engine weight.

1. Advanced Thrust Chamber for Space Maneuvering Propulsion
Program (1965) [81-86]

The Air Force Rocket Propulsion Lab. at Edwards Air Force Base
sponsored a Rocketdyne study in 1965 to investigate a space
maneuvering propulsion system to be used for satellite intercept or
rendezvous. The engine design included multiple concentric
regeneratively cooled thrust chambers. Two multiple-chamber
concepts were examined in one engine study. The first concept was
the aerospike engine, which could be throttled and contained many
small chambers and nozzles. The second concept was a standard
chamber with converging-diverging bell nozzle inside of a separate
aerospike engine. The outer primary thrust chamber was a toroidal
aerospike, divided into segments, producing 30 Klbf thrust, while the
secondary inner thrust chamber included a bell nozzle producing
3.3 KIbf thrust.

The development focused on the primary chamber because of the
unique toroidal features of the aerospike chamber. It included testing
of a full size segment that was 1/47th of the toroid circumference.
Short duration tests were performed over a chamber pressure range
from 300 to 600 psia, and combustion efficiency remained high.

Analysis and design for the followup Advanced Maneuvering
Propulsion Technology Advanced Development Program was
initiated in 1967. The final engine configuration is shown in Fig. 17.
Both the 3.3 KIbf chamber and the 30 Klbf chamber would throttle
9-to-1, providing a total effective throttling ratio of approximately
81-to-1. Combustion was stable during hot-fire tests of the outer
primary chamber segments over a chamber pressure range from
650 psia to 72 psia. Dynamically stable combustion was
demonstrated with pulse gun testing. Combustion efficiency ranged
from 98 to 100% over the entire throttling range of the tested
segment.

2. Other Engines

Many Russian engines have employed multiple chambers, al-
though primarily for combustion stability and ease of manufacturing
[36]. The relatively recent RD-170 and RD-171 engines with four
thrust chambers and the RD-180 with two thrust chambers each
include one turbopump with each engine system. The RD-170 and
RD171 provide 1777 Klbf vacuum thrust and can throttle to 56% of
maximum thrust, while the RD-180 provides 933.4 KIbf vacuum
thrust and can throttle to 40% thrust [3].

E. Pulse Modulation

Pulse modulation, short for pulse-width modulation (PWM), is
used predominantly in monopropellant engines. PWM is on—off
cycling that provides a quasi-steady-state average thrust. PWM in
LREs has its roots in pulse jet engines. The German V-1 guided
missile developed in Peenemiinde contained a pulse jet engine that
was flown for military purposes in 1942 and is most well known for
the London bombing in 1944. It was also known as the “buzz bomb**
because of the low frequency sputtering sound caused by set
frequency pulses at 100 Hz and a resonant combustion response at
roughly 50 Hz. The air intake shutters closed as the fuel ignited and
gas expanded for a short duration [87,88].

The more recent Pulse Detonation Engines (PDEs) make use of a
similar technology, except that PDEs detonate the fuel and oxidizer
mixture while the flow is supersonic. While the PDE combustion
process is more efficient than PWM, there have been difficulties
converting the energy into efficient thrust.

The primary issues related to PWM are fast response valves and
low performance. PWM is advantageous, however, when small
thrust corrections are needed, as in satellite rendezvous. In PWM,
throttling is accomplished with tailoring of the thrust and duration of
the pulses. Disadvantages include shock loading on the vehicle, heat
soak in the chamber head end, inefficient use of propellant because of
chamber cooling channel and injector dribble volume losses between
pulses [19]. Additionally, igniting each pulse can be difficult,
especially for very short pulse widths.

Fig. 17 Advanced maneuvering propulsion technology advanced
development engine [81-86].
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1. NASA Studies (1959) [89,90]

A 1959 NASA report examines scenarios for rendezvous between
two satellites, assuming that one satellite is maneuverable with
velocity increments tangential to the orbit. Pulsed thrust was
considered for the several maneuvers required for various rendez-
vous scenarios. The use of fixed-duration thrust pulses, in which
pulses provide the necessary total AV or total amount of thrust
necessary to complete a maneuver, was slightly different from the
PWM methodology, which uses numerous pulses at a particular
frequency and pulse width to provide an average specific impulse and
thrust profile. The single impulsive thrust maneuver capability was
developed initially for use in satellite maneuvering.

In 1961 NASA examined a PWM methodology to evaluate a linear
system for applying thrust to a maneuverable vehicle in the terminal
phase of a rendezvous. The throttleability limitations of an existing
rocket engine are not necessarily a major obstacle to the system
design of a maneuverable satellite. Maneuverable satellites, how-
ever, such as for terminal phase rendezvous systems, would need to
employ systems that would provide the same average thrust as a
continually variable thrust engine, as illustrated in Fig. 18. The

a) Thrust program for a system

b) Approximation for which thrust interval is fixed and
thrust is variable

¢) Approximation for which thrust magnitude is fixed,
but duration is variable

Fig. 18 Pulse-width modulation throttling approaches [89].

average thrust needed to complete a mission, for example, is shown
in the first inset. The second inset gives an effective throttling
approach by using pulse modulation of a constant width but with
variable thrust. The third inset gives an effective throttling approach
by using pulse modulation of variable width but constant thrust. Both
methods can be designed to provide the same thrust profile.

2. Lunar Flying Vehicle Study (1964) [91]

In 1964, Bell Aerospace Company began development of a 100-
to-1 variable thrust engine called the Bell model 8414 Throttleable
Maneuvering Engine, for earth orbit, lunar, and planetary spacecraft
maneuvering propulsion systems. This engine system combined a
continually varying thrust engine and a pulse engine to provide
continuous throttling and pulse operation capabilities with maximum
performance at highest thrust, where most of the propellant would be
consumed. Deep throttling and pulsing performance could be
provided without compromising the high thrust performance.

A single fixed-type injector was optimized over the entire thrust
range to maintain adequate injection velocities and injector pressure
drops for efficient and stable combustion. Gas-injection methods
were rejected because of the increased complexity and system weight
penalty. Dual-manifold and variable area injector methods were also
rejected as too complex, since most of the time the engine operated at
high thrust.

A six-element triplet injector was optimized for performance and
pulse response. Six was found to be enough elements for high
performance and few enough to minimize manifolding volumes for
maximum pulse response and pulse performance. Two independent
valves were used: a throttling valve and a bipropellant variable area
cavitating venturi with an actuation time of 5 ms attached directly to
the manifold.

Continuous throttle, without pulsing, was achieved down
to 12% of rated thrust. Combustion was controllable, stable, and
reproducible. Combustion performance was 94% at rated thrust with
maximum specific impulse at 87% thrust. Pulse performance was
measured from 100 to 20% rated thrust using pulse durations of
150 msec. Ignition spikes reached a maximum 300% of the rated
pressure.

Figure 19 compares the performance curve for pulsing at a set
thrust with continuous throttling of a set thrust, and illustrates one of
the disadvantages of PWM. There was a major degradation in
performance at a specific thrust level due to the short duration time
and transient event of the pulse. The reduction in performance at the
thrust of an averaged transient pulse as compared with a steady-state
set point of equivalent average thrust was not clear, although it was
expected to be lower due to reduced performance during the
transient. With even shorter pulses, there is more degradation in
performance.

The program demonstrated the feasibility of combining single
injector throttling with PWM to extend the thrust to deep throttling of
100-to-1. Figure 20 shows the performance over the range of thrust
with continuous variable thrust down to 12% thrust and PWM down
to 1% thrust.

3. The Bendix Corporation Study (1965) [76]

The Bendix Corporation reviewed the state-of-the-art techniques
of pulsing and variable area throttling in 1965. Problems encountered
included low combustion efficiency, high electrical power consump-
tion, low response, materials problems, and unwieldy configurations.
Specific impulse was reduced when operating in a regime that
required short pulse widths. The repeatability and consistency of
engine performance was dictated by the control and minimization of
fuel usage by the pulsing accuracy. At that time, varying pulse widths
using a single thrust level was not successful and pulsing accuracy
was not achieved.

F. Throat Throttling

The throat throttling method appears to have been one of the first
methods to throttle LREs. Two approaches were defined, including
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use of a cooled mechanical pintle inserted and retracted through the
nozzle throat, and injection of gas into the throat region. Both
methods effectively changed the throat area by providing some
blockage into the flow field. Both modes have a net effect on
decreasing thrust, since at constant propellant pressures, a throat
restriction causes an increase in chamber pressure and hence lower
injection pressure drops and reduced propellant flow rates. Because
of the high chamber pressures at low thrust, there is an associated
maximum theoretical performance at low thrust. The major concerns
related to throat throttling are excessive vibrations and heat transfer
of the pintle. In addition, high injection pressure drops are required
at full flow conditions to maintain minimum pressure drops at low
flow rates, and a high-pressure propellant feed system is necessary.
Because of material limitations, an uncooled throat pintle was
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Fig. 20 Dual-mode throttling performance [91].

historically not an option, but there are now higher temperature
material and thermal coatings available.

1. Reaction Motors, Inc. Study (1947) [92]

Reaction Motors, Inc., developed a small acid-aniline propellant
variable thrust LRE using a throat throttling device called a bulb or
restrictor to vary the area of the throat, as shown in Fig. 21. The throat
area was varied by inserting and retracting the restrictor, which was
internally cooled by flowing fuel through the center shaft and the
restrictor bulb. Materials that could withstand the engine temperature
were not available to allow an uncooled design. The cooling fuel was
then fed into the injector elements. The nozzle and chamber walls
were cooled by the oxidizer, which was then also fed into the injector
elements.

With a varying throat area needed for a throttle range of 6.25-to-1,
the L* also varied from 43.5 to 272 in. A compromise L* design
range was chosen for a single constant volume chamber. Propellant
flow rate was also controlled to maintain constant chamber pressure
based on the nozzle throat area using a closed-loop control system.

The nozzle throat area was originally varied with a restrictor bulb
that gave poor expansion ratio characteristics at low thrust, but this
was later improved. In one test large vibrations occurred thought to
be due to injector valve flutter. Stiffer propellant valve springs were to
be incorporated in future designs. Only a few tests were performed an
only at 60 and 75% thrust, because of broken lines and severe
vibrations. Limited performance information was therefore obtained.

2. Massachusetts Inst. of Technology Naval Supersonic Lab. Study
(1961) [93]

The Office of Naval Research sponsored research in the Naval
Supersonic Lab. (NSL) at Massachusetts Inst. of Technology for
throttling by gas injection into the nozzle throat. The primary flow,
injected into the chamber, was most susceptible to secondary gas

Fig. 21 Reaction Motors, Inc., restrictor device [92].
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injection at the nozzle throat. The influence of the symmetric
secondary flow at this location was strongest because it had a
significant effect on the throat effective area. The total flow ratio, or
the ratio of primary flow injected into the chamber plus the secondary
flow to the primary flow with no secondary flow, was unity, which
indicated that the exhaust velocity did not change with injection rate
and the flow behaved as though throttling was accomplished by
varying the throat area. Three separate models were developed to
analyze this throttling method. The models of Martin [94] were the
first analytical solutions to this flow throttling problem, but disagreed
with the NSL data. In [93] an improvement to these models was
made. The two models based off of Martin’s work were the
secondary mixing model and the sheet flow model. A newer model,
the secondary expansion model, was also developed. Basic
assumptions to these models include one-dimensional flow, perfect
gas, and isentropic flow. Two-dimensional and three-dimensional
airflow investigations validated aspects of all three models. Schlieren
photographs showed that all three types of flow occurred.

In addition to these three models, a flow analogy was developed
and other pertinent variables investigated. The analogy treated the
secondary flow as a blunt body and then combined the two flows with
matching boundary conditions. Three variables investigated were
temperature, secondary injection gas type, and combustion. There
was a significant effect as the secondary fluid stagnation temperature
was reduced to below the primary flow stagnation temperature.
Throttling was ineffective for a secondary stagnation temperature 5
times less than the primary stagnation temperature. This effect was
also evident in Rocketdyne testing on the F1 engine and additionally
in United Aircraft Corporation (UAC) thrust vectoring experiments
[95]. Rocketdyne showed that a stagnation temperature ratio of 4 did
not throttle the primary flow. UAC showed that the effectiveness
varied with the square root of the secondary-to-primary stagnation
temperature ratio. The high temperature of the secondary working
fluid seems to limit the practicality of throat throttling with gas
injection.

The type of injection gas also had an effect on throttling behavior.
A low specific heat ratio and low molecular rate were desirable
properties of the secondary gas because of the low molecular weight
and low specific heat ratio of the combustion gas. Helium showed the
most potential as a throttling secondary gas because of its low
molecular weight.

Other variables examined were injection angle, nozzle throat
pressure gradient, and secondary flow injection location. Throttling
increased with decreasing injection angle, the angle between the
nozzle axis and the injection axis. A reduction in the nozzle throat
pressure gradient had a small effect on increasing flow throttling.

3. Other Engines

A February 1946 Aerojet report (Rept. No. RTM-20) described
the development of a 100 Ib thrust nitromethane monopropellant
variable thrust engine. A stainless steel pintle was moved into the
nozzle throat to vary the thrust 10-to-1. Performance was measured
only at 65% and 100% thrust. A 1948 M.W. Kellogg report (Rept.
No. SPD-156) described and presented a highly complex injector
design that showed the throat throttling methodology. The throat
was throttled by a pintle and the injector. The injector contained
movable concentric injector rings. A 1950 Univ. of Michigan report
(Rept. UMN-71) discussed variable thrust engines with throat
throttling, and concluded that the method was not feasible because
of low pressure drops at low thrust. The report also stated that
combustion instability would be likely with the RFNA and aniline
propellants in an engine with a 100 in. L*. The variable L* was not
taken into account. An analytic study of variable thrust LREs was
performed by the Army Ballistic Missile Agency on the Redstone
Arsenal in Alabama in 1961 [96]. The analysis compared the
relative efficiencies between a variable throat area nozzle and a
fixed nozzle geometry for storable propellants. The report
concluded that there would be a 10% weight savings of propellant
due to the performance increase gained with the variable throat area
nozzle, but that this was insignificant to the overall vehicle weight.

The underlying assumptions of the configurations and model were
not provided.

G. Variable Area Injectors

The variable area injector is often referred to as a pintle injector
because the majority of variable area injectors contain a single central
pintle feature that is moved to vary the injector orifice area. The
maximum thrust occurs when the injection orifices are fully open. As
the injection area is reduced using movable injector components, the
chamber pressure and thrust are reduced. Pressure drop increases as
the engine throttles down because of the decreasing injection area,
which results in high injection velocities and good atomization and
high combustion efficiency over a wide throttle range. The most
familiar variable area injector throttleable engine is certainly the
Apollo Lunar Module Descent Engine (LMDE).

The major advantage of this method is its design simplicity,
although there is some complexity to the actuating and guiding
elements. Design requirements are sometimes conflicting; different
injector pressure drops are needed for throttling chug stability and
maximum combustion efficiency. An optimization based on mission
requirements provides the tradeoff between performance and
throttling capability. Generally there is a need for flow control valves
in conjunction with variable area injection for complete mixture ratio
and throttling control. Performance efficiency may not be as high as it
would be in a multielement injector.

1. Variable Thrust Engine Development Program (1950) [97]

Reaction Motors, Inc., examined variable thrust pressure-fed
engine designs based on injectors previously tested under the U. S.
Navy’s Bureau of Aeronautics (BuAer) and the U. S. Air Force. Four
injector concepts, representing methods of controlling the
relationships of propellant flow rates, injector pressure drops, and
chamber pressure, were examined. The first injector concept used a
single controllable valve that changed the injector annulus area of
one propellant. The second injector concept used a single control-
lable valve for both injector holes. Atomization was promoted by
having radially injected propellants impinge on a splash plate. The
third injector included valve control of the axial movement of a flow
selector piston that covered or uncovered small holes permitting
selection of specified flow. The propellant streams impinged on a
splash plate before injection into the chamber. The fourth injector
concept consisted of two poppet valves. The variation of propellant
inlet pressure gave a wide flow range for a prespecified smaller range
of injector pressure drop, which was accomplished by balancing the
pressure drop with poppet spring forces.

2. Project MX-794 (1951) [98]

As follow-on to the propellant throttling study described in a
previous section, two additional progress reports were published by
the Willow Run Research Center at the Univ. of Michigan. The
second and third progress reports evaluated the variable area
throttling methodology.

In the second progress report, an injector was converted into a
throttling injector by using a plunger whose movement simul-
taneously covered or uncovered both propellant ports, thus keeping
the mixture ratio constant and the propellant flow rates controlled
from a constant supply pressure. Multiple swirl injectors with various
size propellant orifices were tested to obtain performance
information for a particular injector design configuration. The best
performing injector was converted into a variable area injector.
Continuous throttling was achieved over a range of 27-to-1. With a
constant supply pressure, the pressure drop increased as the engine
throttled down, which minimized rough burning at low chamber
pressures. The throttleable injector showed lower performance than
single thrust injectors tested with various size injection orifices, and
the condition worsened as propellant flow decreased. This result was
attributed to the result of improper mixing due to the changing of the
propellant entry angle. Covering of orifices by the plunger altered the
entry angle of the flow so that less mixing was obtained.



916 CASIANO, HULKA, AND YANG

\\

Yals

%
V)

Oxidant

Fig. 22 Triplet impinging-jet variable area injector [99].

In the third progress report, different size injectors, different types
of injectors, and different propellants were tested. The same remotely
controlled plunger was used to cover and uncover the propellant
orifices. Continuous throttling was achieved over a 35-to-1 range for
the lower thrust engines and 6-to-1 for the larger thrust engines.
Triangular orifices maintained a constant geometric shape, as the
plunger covered or uncovered the holes, which provided better flow
control at low flow rates, although the holes were difficult to
fabricate. The other injectors had circular or rectangular orifices.

High frequency combustion instability was encountered at higher
chamber pressures with the low thrust WFENA and jet fuel propellant
combination. The instability was eliminated by increasing the
chamber contraction ratio from 8-to-1 to 16-tol. The chamber
diameter was increased and the chamber length was decreased with a
net increase in L*.

For the midrange thrust development tests, the propellant supply
pressure was constant, which allowed the pressure drop to increase
with decreasing chamber pressure, and the mixing and spray
formation to improve at lower propellant rates. No combustion
instabilities were experienced even after reducing the pressure drop
by lowering the propellant tank pressures. In one case the plunger
seized, which was corrected with an o-ring seal between the plunger
and the injector body.

3. NACA Study (1955) [99]

An investigation to examine the performance and operating
characteristics of two variable area injectors over a wide thrust range
was conducted by Tomazic in 1955. The first injector was a triplet
impinging-jet injector with six groups of 10 triplet sets; each group
was controlled by a pneumatic valve actuator, which varied the
number of triplet sets that were open. The second injector was a swirl-
cup injector in which two fuel entry holes and two oxidizer entry
holes injected the propellants in a swirl pattern into a cup. The orifices
were arranged alternately 90 degrees apart. A movable piston formed
the bottom of the cup and was moved by a pneumatic valve actuator.
The piston moved over the entry holes to change the area. Schematics
of the two injectors are shown in Figs. 22 and 23.

The triplet impinging-jet injector was tested over a thrust range of
12-to-1 and the swirl-cup injector was tested over a thrust range of
18.5-to-1. The triplet injector had 96% efficiency at full thrust, but
efficiency decreased steadily until 20% thrust, where it decreased
sharply. The swirl-cup injector had 90% efficiency at full thrust, but
its efficiency also decreased sharply below 20%. Figure 24 compares
combustion efficiency for the two injectors.

One difficulty in this setup was leakage around the pistons,
which degraded the spray pattern and altered the mixture ratio.
The performance drop in the triplet injectors was attributed to this
leakage and poor mixture ratio control. The performance drop in the
swirl-cup injector was attributed to poor mixing at low thrusts, as was
demonstrated in water flow tests.

4. Lunar Module Descent Engine Program (1963) [19,78,100-103]

The best known throttleable engine in the United States is certainly
the Lunar Module Descent Engine (LMDE). Engine development
began in 1963 and man-rated qualification was completed in 1967.
The engine was first used on Apollo 5 in an unmanned configuration
in January 1968, and then on Apollo 9 for a manned flight in
March 1969. On Apollo 11, the engine landed astronauts Neil
Armstrong and Buzz Aldrin on the surface of the moon. The engine
was also used to return the astronauts of Apollo 13 to an earth orbit

P

Fig. 23 Swirl-cup variable area injector [99].
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Fig. 24 Theoretical specific impulse for triplet impinging-jet variable
area injector [99].

from a lunar orbit after an oxygen tank failure damaged the service
module.

The operating requirements of the LMDE included a 10-to-1
throttling capability. The nominal LMDE duty cycle included a 33-s
orbit injection burn, an hour on-orbit coast, and a 784-s descent burn,
as shown in Fig. 25. Both engine burns started to 10% thrust while the
vehicle was stabilized. The descent firing included a full thrust
braking phase and a 60% thrust braking phase, followed by a slow
reduction to 40% thrust during vehicle flareout, and reduction to near
25% during the hovering phase.

The engine is illustrated schematically in Fig. 26. Fuel cooled the
injector faceplate and flowed into the combustion chamber out of the
annular orifice of the pintle injector element. The annular orifice was
created by an extension of the injector face and a moveable sleeve. A
small portion of the fuel was injected along the side of the chamber
wall through 30-six tubes. The oxidizer flowed through the center of
the pintle and was injected radially near the tip through 30-six holes.
Movement of the fuel sleeve varied the injection area of both the fuel
and the oxidizer.

Three fundamental requirements for the descent engine system
were 1) accurate mixture ratio control over the entire thrust range,
2) controlled injection for performance and combustion stability over
the entire thrust range, and 3) simplicity of moving parts. Two
solutions were employed to meet these requirements. First, the
propellant flow control was separated from the propellant injection
functions, which allowed optimization of each without one
compromising the other. Second, an injector with a centrally located
single element pintle contained a single moving part to vary both the
oxidizer and fuel orifice areas. This solution provided the greatest
design simplicity.

One disadvantage with variable area injectors is the inability to
control mixture ratio; as the injector orifice area changes, the mixture
ratio can change as well. The method used to control the mixture ratio
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Fig. 25 LMDE nominal duty cycle [19,78,100-103].
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Fig. 26 LMDE engine layout [100,101].

in LMDE was to incorporate variable area cavitating venturis in the
propellant lines in addition to the variable area injection orifices,
which ensured that the propellant flow rates would be insensitive to
variations in downstream pressures that resulted from injector orifice
area changes. Provided the manifold pressure stayed below the
pressure required for cavitating flow, the flow rate would remain
constant. The cavitation regime was active only below 70% thrust;
otherwise the propellant flow was controlled by the pressure drop of
the entire system, which eliminated the large pressure loss penalties
associated with high cavitating flows.

Combustion instability was addressed by positioning the single
element injector in a region that minimized coupling with tangential
acoustic modes of the chamber. A centrally located injector element
would be most stable for a tangential acoustic mode, which has a
pressure node line through the center of the chamber and is most
resistant to a driving combustion forcing function at this location. On
the other hand, a centralized element injector would be susceptible to
a radial acoustic mode, which has an antinode in the center of the
chamber. Neither radial nor tangential modes were detected from
over 2800 tests including 31 bomb tests. The first radial mode may
not have been excited because the reaction zone was annular rather
than concentrated exactly in the center of the chamber. Low
frequency pressure oscillations were present during throttling
transition, with 20 psi peak-to-peak in the 10 to 100 psi chamber
pressure range.

Performance remained relatively high over the throttling range, as
shown in Fig. 27.

5. TRW, Inc. Studies: MIRA 150A (1965) [104-107]

The MIRA 150A variable thrust rocket engine was designed for
attitude control on the Surveyor spacecraft. The engine was
ablatively cooled because of the incompatibility of available coolant
flow over the entire 5-to-1 thrust range. The injector was a single
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element coaxial tube pintle. A single moving sleeve provided
variable area control to the annular propellant orifices. Propellant
flows were also controlled by variable area cavitating venturis
upstream of the injector orifices. The NASA MSEC later selected
MIRA 150A as one of two engines to be evaluated for a lunar
exploration flying system. The injection velocities were reoptimized
for a new propellant combination. A total of 84 starts with 4 engine
configurations demonstrated deep throttling (6.8-to-1), chamber
durability, ballistic performance, and dynamic response.

6. Gaseous Propellant Throttling Rocket Engine Study (1965) [108-112]

Several gas injection rocket engine experiments were performed at
a rocket engine test facility at the Air Force Inst. of Technology
(AFIT) located on Wright-Patterson Air Force Base in Ohio.
Although this study does not use LREs, the features of this mode of
throttling are very similar. The variable area injector throttling
method was selected since it was most suitable for the design
requirements and was compatible with the test facility at AFIT. A
small engine was designed for 10-to-1 throttling based on a constant
thrust engine design by Ow [112]. The modified throttleable engine
incorporated a new injector plate and 3 movable pintles. Movement
of the central pintle regulated the oxidizer flow while movement of
the other two pintles regulated the fuel flow. Ethylene propylene
rubber seals were used between the movable pintles and the injector
front cover plate. The engine assembly schematic is shown in Fig. 28.
Fuel was injected radially through the side walls of the entire
chamber and acted also as film coolant. The two variable area fuel
orifices were located upstream of the film coolant manifold. The self
impinging oxidizer was injected through a central orifice that was
controlled by the central pintle.

The injector was later redesigned as a twin orifice showerhead
injector, which solved facility issues. There was one orifice in the
chamber for fuel and one orifice for oxidizer on the opposite side.
Two plates slid over each propellant orifice to define the basic
throttling mechanism. The engine was throttled 4.1-to-1. Combus-
tion efficiency increased at lower thrust levels.

Another modified variable thrust rocket engine incorporated a
variable area injector using gaseous propellants. The propellant lines
included separate orifices, one for each propellant, and again plates
slid over each propellant orifice. The impinging injector face
contained one central hole for the oxidizer and ten surrounding holes
for the fuel, angled so that impingement occurred roughly 2 in. from
the injector face. Throttling over 7-to-1 was achieved. Steady-state
set-point tests demonstrated that the overall performance remained
nearly constant, with a very slight drop-off of specific impulse. The
c* performance was highest at the low throttle conditions and was
attributed to the longer gas molecule chamber residence time.

A hydraulic control system was later implemented to actuate the
throttling mechanism. The engine response to transient throttling
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Fig. 28 Gaseous propellant variable area injector engine schematic
[108].

over a thrust range of 5-to-1 was examined. Impulse throttling
showed that it took longer for the decreasing percent throttle tests
than for the increasing percent throttle tests to return to steady-state
performance values. This was attributed to flow pressures in the
manifold and resulting friction forces. There were never any indica-
tions of combustion instabilities for any of the tested configurations,
however, it was not clear as to whether this was due to the throttling
technique or the gas propellant injection.

7. Deep Throttling TR202 (2005) [113-115]

Northrop Grumman Space Technology (NGST) is currently
developing the TR202 engine, a closed expander cycle engine with
independent turbopumps and a variable area pintle injector, for
technology development of a cryogenic propellant applicable to the
lunar descent engine. The independent turbomachinery and variable
area pintle would enable full control over mixture ratio and thrust.
Injector tests have been performed at NASA Marshall Space Flight
Center. Stable combustion performance was demonstrated with a
pintle injector at several setpoints over a 10-to-1 throttling range with
LO, and GH, propellants.

The pintle injector would control the core and wall mixture ratios
and maintain acceptable injection propellant pressure drops, which
should provide high combustion efficiency and combustion stability
over the entire throttling range. An illustration of the pintle concept is
shown in Fig. 29. NGST is addressing several technology challenges,
most relating to behavior during deep throttling, including
acceptable injector performance, continuous and deep throttling
with cryogenic propellants, stable combustion, acceptable cooling,
balancing injector resistance with pump performance and pump exit
pressures during throttling, maintaining mixture ratio at desired
levels, avoiding pump stall at low flow conditions, and developing
deep throttling turbopump technology. Most of these issues are
general concerns for any deep throttling technology.

The injector will be developed to a 10-to-1 throttling range and
the data used to update the engine design based on program
throttling needs. As the engine throttles, the fuel hydraulic pressure
drop ratio will increase because the density is a strong function of
temperature. The oxidizer hydraulic pressure drop ratio will also
increase because the variable area injector orifices are sized for a
specific pressure drop. The hydraulic pressure drop ratio will range
from 20% at full thrust to 106% at minimum thrust. This has no
effect on the cycle balance, because there is more power margin at
lower throttle settings. The ability to control mixture ratio over the
throttling range provides the ability to maximize propellant
utilization, and the ability to control injector resistance eliminates
the possibility of chug or high oxidizer pump exit pressures at high
thrust.

Pintle Injector Operation
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Fig. 29 Pintle injector operation illustration [113-115].
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H. Hydrodynamically Dissipative Injectors

Hydrodynamically dissipative injectors use fluid dynamic
methods to create adequate impedance across the injector. Methods
to do this include use of capillary tubes, which create a high-pressure
drop by means of viscous losses, or long element features to create
added fluid mass or inertance as additional impedance. The most
common method, widely used in Russia [116], is to use swirling
vortex tubes to effectively alter the discharge coefficient over a
throttling range, in combination with propellant throttling [4,117]. A
dual-manifold approach is used in combination with this technique.
These methods ensure that the injector is free of moving parts,
although additional valving is necessary in some cases. Hydro-
dynamically dissipative injector methods are usually subsets of other
methodologies, such as high-pressure-drop injectors or dual-
manifold injectors.

A swirl injector with a two-channel liquid oxidizer system was
designed and successfully tested at the Pennsylvania State Univ. with
expert advice from visiting professor Vladimir Bazarov in 2001
[118,119]. The tangential-entry dual-inlet swirl injector, a common
Russian design, is effectively a dual-manifold injector. Throttling is
performed by independently controlling flow through the two
channels. Throttling behavior is quantified not only by mass flow
variation, but also by variations in injector discharge coefficient. A
vortex tube is formed inside the injector element by considering
element design and managing preinjection swirl flow. The theory
shows how controlling the hydraulics inside the injector element
influences the discharge coefficient. Single throttle point experi-
ments were conducted over a 10-to-1 throttle range, and contin-
uously throttling experiments were conducted by continuously
varying propellant flow rates over a wide operating range during a
single run.

Chug (45 Hz with harmonics) was observed at the lowest chamber
pressure while the dual-element injector was in single-channel
operating mode. This instability, attributed to very long (33 ft)
feedlines and inadequate pressure drops, degraded performance at
this operating point. The chug oscillation appeared occasionally
during transient runs and also occurred at the transition between two-
channel operation and single-channel operation, but that could have
been attributed to the closure of the LO, valve.

Performance efficiencies were reduced during chug instabilities
butalso at high throttling conditions. The performance degradation at
high throttling was shown to be possibly due to poor mixing caused
from a fuel-oxidizer momentum imbalance. Much better perform-
ance was obtained when the straight shearing gaseous fuel injection
plate was replaced with the swirling injector plate, giving an
adequately sized switl jet.

I. Combined Methods

Some throttling methods, such as variable area injectors or
hydrodynamically dissipative injectors, combine techniques to use
advantages from each particular method and provide even deeper
throttling. Variable area injectors commonly use valves in the
propellant lines for additional flow control. Hydrodynamically
dissipative injectors combine propellant throttling, dual-manifold
injectors, and variable discharge coefficients. Dual-manifold throt-
tling requires propellant throttling. The pulse modulation by Bell
Aerospace, described in an earlier section, combines high-pressure-
drop injectors for 12-to-1 throttling and pulsing methods to increase
throttling to 100-to-1. Most methods require propellant throttling to
some extent. Other throttling technology combinations are also

possible. o ) o
A combination constant area injector and variable area injector,

as contradictory as it sounds, was investigated in the Advanced
Throttling Concept Study by Pratt & Whitney Aircraft in 1964
[45,75]. This study also examined dual-manifold injectors and gas
injection and is discussed in earlier sections. The intent of this study
was to evaluate injector systems that provide high combustion
performance during deep throttling (specified down to 50-to-1). The
injector, called the biproportional area spring (BIPAS), was operated
in two distinct modes. At low thrust levels it acted as a variable area

injector to maintain a constant pressure drop, and at high thrust levels
it had the characteristics of a constant area injector with variable
pressure drop. This allowed for a reasonable injector pressure drop
over a wide thrust range while providing enough injector resistance at
high thrust to prevent low frequency instabilities. The spring rate of
the poppet valves and the location of a physical stop restricting the
poppet valves could be changed based on the stability characteristics
of the engine. This injector design was not selected for demonstration
testing, although it appeared to be superior to the variable area
injector.

III. Summary
A. Summary: High-Pressure-Drop Injectors

Project Thumper, one of the first extensive deep throttling
investigations, touched on many of the issues related to throttling
with a fixed-geometry injector. Performance was reduced at low
power levels due to poor combustion at low chamber pressures,
mainly because there was insufficient injector pressure drop to
sustain good atomization and mixing of the propellants. Instabilities
were discovered at lower chamber pressures, including whistling
(high frequency combustion instability), motorboating (chug), and
hydraulic instability. The instabilities increased the heat transfer rates
to several times greater than expected without instability. Studies
showed that the fuel in a regeneratively cooled chamber would
vaporize at low pressures, and in general, cooling ability was
decreased at lower thrusts.

Similar characteristics were observed in other fixed-geometry
injectors from other programs, including the sequence of instabilities
as chamber pressure was reduced and the increase in heat transfer
during instability. High-pressure-drop injectors have performed
better than low-pressure-drop injectors in terms of stability and
performance during throttling. Several other solutions were proposed
to improve stability, including reducing the injector area if pump
head rise was available, providing heat transfer to increase the
amount of vapor in the manifolds and thus increase resistance, and
providing gas injection into the liquid manifolds, which also
increases resistance. Low frequency system instabilities occurred
when coolant flow vaporized inside the coolant jacket.

Rapid transients over the throttling range were also investigated. In
a pump-fed system, throttling from high thrust to low thrust could
stall the fuel pump. Other pump-related concerns during throttling
included rotordynamic stability, running at shaft critical speeds,
high-pressure fuel turbopump thrust bearing lift off, hydrostatic
bearing of the high-pressure oxidizer turbopump running in the stall
region, freezing turbine gas, sustaining a satisfactory axial thrust
balance, bistability of the high-pressure oxidizer turbopump boost
pump, and performance of the turbopumps at low flow-to-speed
ratios. Nozzle sideloads during the start and shutdown from low
thrust were also concerns.

B. Summary: Dual-Manifold Injectors

There are several common themes that occur in dual-manifold
injector systems. In general, higher performance efficiency can be
achieved at low thrust levels because the injector can be designed
with high injection velocities at low thrust, so performance is
acceptable, and high injector resistance, so stability is acceptable.
Typically the oxidizer side or liquid side contains the dual manifold,
because that circuit is generally the driving mechanism for
combustion instability. Complexity is increased over high-pressure-
drop injectors because of the additional control valves.

There are combustion stability and operational concerns at the
transition point. Instability at the transition point has also occurred at
low thrust, where only one manifold operates. In one case, chug was
attributed to liquid flowing into the secondary manifold and
compressing the trapped gas inside. The chug was eliminated by
bleeding the secondary manifold to remove the gas. In another case,
instability was incited by two-phase flow entering the secondary
injector orifices and becoming trapped after the secondary injector
control valve was closed, and again was eliminated by releasing the
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trapped injector purge gases in the secondary manifold. The selection
of the transition point is a compromise to obtain adequate injector
velocity from the secondary injector for good propellant mixing and
conformance to limiting system pressures, as well as providing
adequate stability margin. Complete closure of the secondary
manifold can cause overheating of the secondary manifold, depletion
of propellant from the secondary manifolds, and contamination of
the unprimed secondary manifold with combustion products. Low
thrust over a long period of time can deplete the secondary manifold
propellant and cause a significant time delay and lower thrust for
diversion of primary flow to reprime the secondary manifold.

Other design challenges include the transient system response
during flow from low thrust to high thrust, because of the necessity of
priming the secondary manifold. The proposed method to obtain a
fast response during the transition is to continuously flow fluid
through the secondary manifold, either by a bleed flow through the
secondary valve or a bleed flow from the primary fluid flow. Injector
volume is typically minimized to generally ensure adequate flow
response during throttling.

Stability and performance can be optimized by optimizing the
flow splits between the primary and secondary manifold. In one
example the secondary injector flow was not pumped evenly from
the injector, which caused an uneven mixture ratio distribution in the
chamber.

The throttling heat transfer results indicate that a transitional and/
or a laminar boundary layer may be encountered in the nozzle region
at some point over the throttling range. This transition would likely
occur if the ejector system could not replicate vacuum conditions
adequately. The total chamber heat load generally fits over the
entire throttling range with the classical heat transfer correlation of

0.8
P

C. Summary: Gas Injection

The primary advantage of the gas injection method for large thrust
engines is the maintenance of a high injector pressure drop over a
wide throttling range by a lowering of the propellant bulk density.
This method has been shown to eliminate instabilities by increasing
injector resistance, and is generally only necessary when operating at
low thrust. For very small thrust engines the additional flow can
increase thrust. Additionally, performance is not reduced during
throttling, and in fact may increase, due to the increased pressure
drop as well as increased mixing from an aerated propellant. In most
cases, however, the added weight and complexity of gas injection
hardware, including valving, piping and control systems, will reduce
the payload gain from any performance increase. As a minimum the
gas should be tapped off another system, such as the tank pressurant.
The gas injection flow rate can be optimized for both performance
and stability, but the flow rates required are generally less than 1% of
the propellant flow.

The gas injection device must be designed so that smooth
homogeneous gas injection occurs. In one water flow test, feed
system instability was created by the surging of gas into the injector
manifold. Maldistribution or nonuniformity of the aerated propellant
could cause mixture ratio variations and local hot and cold regions in
the combustion chamber. And lastly, one interesting technique used
combustion in the propellant lines to lower the density and produced
stable and repeatable results. This technique posed the obvious
challenge of trying to control reaction rates in the propellant lines.

D. Summary: Multiple Chambers

The primary advantage of throttling with multiple chambers is that
a deeper throttling can be achieved by controlling the thrust of each
chamber independently. Multiple chambers are commonly used in
Russia for reasons not specific to throttling, primarily for combustion
stability and manufacturing advantages. The obvious disadvantages
include the feed system complexity and less than optimum weight.
Aerospike engines can take advantage of using multiple chambers.
Multiple small chambers make up banks that can be independently
throttled in the aerospike engine.

E. Summary: Pulse Modulation

The objective of pulse modulation is to obtain a thrust profile by
using pulses of various thrust levels and durations. Two typical
modes of operation include obtaining a thrust profile by using pulse
modulation of a constant width but varying thrust level, and
obtaining a thrust profile by pulse modulation of a constant thrust for
each pulse but with varying pulse width. A fast response valve is
essential to providing pulses of propellants into the combustion
chamber. A small manifold provides maximum pulse response and
pulse performance.

The performance from a pulsed thrust operating point is usually
lower than that of an unpulsed or continuous operating point, due to
the effect of including the transient as a significant portion of the
duration in the overall impulse. The poorer mixing and atomization
during the transients lower the average performance of the pulse.
Disadvantages also include shock loading on the vehicle, heat soak in
the chamber head end, inefficient use of propellant due to the
chamber cooling channel, and injector dribble volume losses
between pulses. Ignition of each pulse can be a concern, depending
on the pulse rate.

Having the ability to pulse can provide extreme throttling
capability. Combining pulsing with continuous operation has
provided throttling to 1% of maximum thrust, but due to performance
degradation while in pulse mode, most of the mission should be
executed at high thrust during continuous operation.

F. Summary: Throat Throttling

The throat throttling method is unique, in that it provides the
highest performance and chamber pressure at low thrust. There are
many disadvantages with this method, however, including cooling
the throat pintle and preventing excessive vibrations of the pintle. An
uncooled throat pintle was historically not an option, because of
material limitations, but there are now higher temperature material
and thermal coatings available. The pintle could also be re-
generatively cooled.

Performance losses have been attributed to gas separation in the
nozzle cone because of the location of the pintle, which was verified
visually with exhaust gas directed at steeper angles during throttling.
An optimized pintle device shape would be important to obtain
maximum performance. The effect of pintle design on nozzle
coefficient should be investigated to obtain the best performance
during throttling. Additionally, for a constant pressure propellant
system, it would be impossible to obtain optimized atomization and
mixing with this method because there is not an adequate pressure
drop across the injector over the full range. A compromise must be
made in chamber size because there are large variations in L* due to
the varying throat area. At low thrust, the L* is much higher and
allows for more complete combustion, which improves efficiency.
Combustion instabilities are a concern at low thrust, even with the
high chamber pressure, because the injector pressure drop is small at
low thrust. A high rate of thrust change can be designed by
incorporating a good hydraulic system for the pintle device.

Finally, throat throttling by means of gas injection into the nozzle
throat does not immediately seem practical. The major drawback is
the required high temperature needed for the injected gas. In the ideal
configuration, the injected secondary gas would have a low specific
heat ratio, a low molecular weight, and a high temperature, and be
injected at the throat.

G. Summary: Variable Area Injectors

The variable area injector methodology is the most familiar
throttling method, because of the legacy of the LMDE. The major
advantages of variable area injectors are their relative simplicity and
the few incidences of high frequency combustion instability. The
resistance to high frequency combustion instabilities probably
occurs because the location of energy release from the center-
mounted pintle injector minimizes coupling with the tangential and
first radial acoustic modes.

Disadvantages include the requirement for a propellant control
system and heat transfer to a pintle injector element. Major concerns
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in early experiments included optimization of flow control and
injector design, integration of the variable area injector with the thrust
control system, leakage around the pintle injector, and maintaining a
specific mixture ratio for a particular thrust. Most of the problems
were rectified by incorporating flow control valves in the propellant
lines. In this way, both an appropriate injection pressure drop and a
controlled mixture ratio were possible. Performance efficiency may
not be as high as with a multielement injector.

H. Summary: Hydrodynamically Dissipative Injectors

The hydrodynamically dissipative injector uses fluid dynamics to
improve the impedance across the injector. Swirling vortex tubes are
the most common method and enable deep throttling by altering the
discharge coefficient. The major advantage of this method is that the
system remains simple because there are no moving parts in the
injector. Although there is limited work in this area, an analytical
framework allows the design of a two-channel hydrodynamically
dissipative injector, and more specifically, a tangential-entry dual-
inlet swirl injector. Throttling behavior is quantified not only by mass
flow variation, but also by variations in injector discharge coefficient.
A vortex tube is formed inside an injector element by considering
element design and managing preinjection swirl flow. The theory
shows how controlling the hydraulics inside the injector element
influences the discharge coefficient.

IV. Conclusions

LRE:s are generally designed for fixed thrust operation with small
variations about the design point for throttling. There are many
applications where variable thrust is required, however, including
planetary entry and descent, space rendezvous, orbital maneuvering,
including orientation and stabilization in space, and hovering and
hazard avoidance during planetary landing. This paper reviewed the
methods for throttling LREs beginning with the pioneering work in
the 1930s.
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